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A KB7IEW OF BECEMT BEFOBMATIOK EELATHSG 
TO TBE DRAG RISE OF AIEPLAIIES 
By <T. V. Wotmore 

Langley Memorial Aeronautical Laboratory 


iMRODTOTlOir 


The airplane, of conventional design as ve know it today, has 
very nearly attained its limit in practical operating speed at about 
500 iniles per hour. With the large drag increase attending the formation 
of shock vaves at these speeds, pushing the airplane to appreciably 
greater speeds r0B^llts in a prohibitive loss in efficiency or L/D and 
the airplane is no longer capable of performing its primary function 
of carrying a pay load a reasonable distance. Consider, for example, 
the case of a representative modem jet airplane having a wing loading 
of about 50 pounds per square foot and operating at an altitude of 
30,000 feet. 

• In figure 1 the upper solid curve shows the variation of drag 
coefficient with speed or Mach number (reference l) and the lower 
curve, the corresponding variation in range (based on assunrotion of 
constant specific fuel consumption Jn terms of thrust). For an 
increase In speed of about 100 miles per hour or in Mach number of 0*15 
above the speed at >tfiich the drag rise starts, the range would decrease 
about 75 percent and would be too small to be useful. The dashed 
curves show that if the drag rise could be delayed sufficiently, or 
eliminated, the speed could be ihcreased 100 miles per hour \7lth only 

a 10- percent loss in range or 200 miles per hour with about 2o- percent 
decrease in range. (This small loss in range results from the 
condition of constant altitude assumed here: the effect of decreasing 

L/D, resulting from the decreasing lift coefficient with Increasing 
speed, somewhat more than offsets the effect of the increasing speed.) 

With the development of more concentrated fuels end efficient 
power plants to utilize J^em, the effect of the dxa.g rise will no 
doubt be less critical frcaa this standpoint, but for the present, at 
least, it seems clear that fiirther increase in tlae speeds at vhlch 
airplanes may operate efficiently will be accomplished by changes in 
aerodynamic design required to avoid any substantial drag rise up 
to these speeds . 

• ■.The purpose of this paper is to point out briefly the information 
relating to drag in the transonic range which is available to guide 
designers in planning efficient higher speed airplanes. of the immediate 
futxuze and to indicate some of the trends in these data. The principal 


sources of the Infonnatlon that will he presented are the hi^- speed 
tunnels, cohering the lover end of the transonic range vcg to Mach 
numhers of 0.9 to 0.95, tests of free-fall models dropped from high 
altitudes covering practlcadljr the ■whole transonic range, and tests 
of rocket-propelled models dealing ■vd.'th the upper end of ■the range 
from Mach numhers of 1.0 to 1.2. 


WING C'ONBTGmATTOriS 


The -wing wdilch is, of co^urse,- ■the major source of the drag rise 
of present airplane configurations will he considered first. Figure 2 
indicates the increase In 'Uie Mach number of the drag rise that can 
he obtained ■with unswept wings by using thinner wing sections . The 
solid, lines actiialiy represent -the Mach numhers at which ■the drag 
coefficient has Increased 0.005 above the sub-critical value. The 
use of this, value provides a better indication of tiie trends than the 
use of the value at which the drag rise actually begins since the 
latter value is not always clearly defined. The start of the drag 
rise occurs in the region bet'ween the solid line and the dashed line 
■i^ich defines the theoretical critical Mach number of the "wlng sections. 
The Mach n^umber of -the drag- rise is shovni as a function of -the thickness 
chord ratio of ■tiie ■wing: in iiie left hand figure for a tapered and 

cambered ■wing at a lift coefficient of 0.2 as tested in the high- 
speed tunnel (reference 2); and in the right-hand figure for a straight^ 
symmetrical wing at zero lift from the results of free-fall tests 
(reference 3) • It is indicated -that In both cases -the Mach number of 
the drag rise increases by 0.015 to 0.02 or bet'ween 10 and 15 miles 

per hour for each percent reduction In thlcloieas ratio. 

# 

The effects of sweepback and aspect ratio on the Mach number of 
the drag rise, defined as before, are illustrated in figure 3* In 
this .figure, the Mach nujnber of .■the drag rise is sho'wn plotted against 
the inverse of the aspect ratio from the resiilts of high-speed tunnel 
tests of "two series of unswept wings of different airfoil section, and 
a series of ■vriLnga of 30 ° sweep (references k and 5), and from the 
results of free-fall "tests of two wings of 45° sweep (reference 6) . 

The indicated values of the drag-rise Mach number at infinite aspect 
ratio for the swept conditions were estimated from two-dimensional 
high-speed tunnel data using "the sinrole cosine law for infinite yawed 
"wings. The_ _res"ults indicate "that the benefits of sweep are increased 
as the aspect ratio Increases particularly for large sweep angles . 
Conversely, although decreasing the aspect ratio provides a substantial 
increase in the Mach number of ■the drag rise for the unswept "wings, it 
has little effect when "the "Wings are sweptback 30° and becesnea adverse 
for 45 ° B'weepbaefc. It may be noted that in order to avoid a substantial 


dreg rl8© up to or through, sonic velocity with the wing thidaiesses 
considered' a sveephack of at least 45'^ is required. 

A considerahle amount of data on the drag of wings at the 
upper end of the transonic range has 'been obtained by the rocket 
technique and although tliese results do not define the conditions 
of the drag rise, they, together with the free-fall data, do show:, ■ 
the extent of the drag rise and provide an indication of the wing 
configurations that will be required to extend speeds for reasonably 
efficient airplane operation to Mach numbers above 1.0. Figure h 
shows the variation with thickness ratio of tlie drag coefficient of 
unswept wings at a Mach number of 1.15* Data from both rocket and 
free-fall tests (references 3 to J) are Included and althoxxgh there 
is considerable scatter due to the different teat techniqu.es and 
different aspect ratios, '^dilch will be discussed later, the trend 
is well defined. The large reduction in drag at this speed afforded 
by decreasing the wing thickness is clearly shoTin. As an Indication 
of ^at the, drag data at Mach number 1.15 shown in this and subsequent 
flgui’es mean in relation to thrust available from present turbojet 
power plants or those in immediate prospect, it is estimated that the 
drag coefficient for a con^ilete single-engine airplane of representative 
dimensions operating at altitvjies of 30,000 to h0,0C0 feet could not 
exceed about 0.02 • According to this figure then, the thickness • 
ratio of an unswept wing would have to be something less than k percent 
to permit attalment.of Mach number 1.15* 

The effects of sweep and aspect ratio on the drag at Mach number 1.15 
are shown in figure 5 which again includes data from both rocket and 
free-fall tests (references 6. and 8) . Here the drag coefficients are 
plotted against the inverse of the aspect ratio for sweep angles 
from 0° to 52°. All the wings ere cxf MCA 65-009 section in planes 
normal to the leading edge. The trends indicated in this figure are 
generally similar to those of figure 3* That is, the effect of sweep 
in decreasing the drag becomes (^eeter with increasing aspect ratio 
and the effect of reducing the aspect ratio, although favorable with 
no sweep, disappears at moderate sweep angles and becames adverse 
with, greater sweep. . The results shown here do not of course give the 
complete story, which would require consideration of structural 
requirements and space requirements for fuel storage and so forth. 

For example, the beneflci^ effect indicated for reduced aspect ratio 
of the unswept wings, is duo to aspect ratio alone and does not take 
account of the reduction in drag due to the tlilnnor wing sections 
that could probably be vised with the smaller aspect ratios. Furthermore, 
the indicated advantage of sweep is not entirely realistic since it 
applies to constant wing thickness in planes normal to the leading edge; 
whereas for structiiral reasons' " thickness would probably have' to 

be Increased considerably wi-th increasing sweep and the benefits would 


there'by "be reduced. Consider again the value of drag coefficient 0.02, 
representing, as before, the probable limit for a single-engine 
airplane vlth the Jet engines that will bo available in the near 
f^^ture; it appears that to attain a Mach number of 1.15 ^^thin this 
limitation the ving woiild have to be swept at least 45° and probably 
more to allow for the drag of ftiselage and other elements of the 
airplane . 

There has been some interest, for various reasons, in the 
possibilities of using foward sweep rather than sweepback. In 
figure 6 the variations of drag with Mach number throu^ the transonic 
range for a sirexrtback and a oweptforvrard- wing are compared from the 
results of free-fall tests (reference 9 and data not yet published) . 

The wings are similar in all respects except taper, and it is shown 
that the results are very similar. These resvJLts may be 'Influenced to 
some extent by effects on the wings due to tiie flow fields of the 
bodies used in these tests. In this connection it might be of interest 
to mention that tho sweptforward wing was found to have a considerably 
more adverse effect on the drag of the body, at Mach numbers of 1.0 
and above, than the sweptback wing. However, the indication that 
the direction of sweep has little effect on either the ^fach number 
or the extent of the drag rise of the wing alone is supported by 
other data from wind-tunnel tests (reference 10) and rocket tests 
(reference ll) . 

As pert of the investigation of wing- plan- form effects on drag 
at high transonic speeds, rocket tests have been made of several 
configurations incorporating variations in taper as well as sweep 
(references 12 and 13). Figure 7 shows the drag coefficients at a 
Mach number of 1.15 in relation to the taper ratio, grouped for 
approximately- constant sweep angles of either tlie mean line or the 
leading edge of the wing. The thickness chord ratio in the stream 
direction is approximately constant for each group. With the mean 
line unswept, tapering tho wing to a pointed configuration provides 
a substantial reduction in drag over that of the untapered wing. The 
second group indicates that with the leading edge held constant at 45°, 
tapering the wing tends to be unfavorable and this trend appears to 
continue to the inverse-taper condition shown by the third group. 

These results apparently Indicate simply that sweep of the leading 
edge is not the determining factor for tapered trlngs. Perhaps, the 
most Interesting feature of these data is shown by the fourth group 
where the result of tapering the wing abouit a 45° swept mean line 
is Indicated. The taper in itself has practically no effect in this 
case, which suggests that it should be possible to take full advantage 
of the benefits of large suTsep and thin sections with considerably less 
difficulty from structural problems than in the case of untapered wings. 


InTestlgation of the effects of airfoil section on the tranBcnic 
drag charactorlstlcs of finite vinga has been limited mainly to 
determining the effects of sharp leading edges, T.’lth the: thovight 
that they mi^t prorlde some benefit in the transonic range as veil 
as at sxjpersonic speeds . Flgnre 8 shove the variation of drag vlth 
Mach nimber from free-fall tests (reference l4) of a six-percent”thick, 
tmsvept wing vlth a sharp-edge circular-arc section and one vlth 
KACA 65"seriea section. Little difference is indicated and such as 
there is favors the 65-eerles airfoil. Similar comparisons from ■ 
rocket tests' vlth thicker uncvept Trings and with swept wings, including 
double-wedge as well as circular-arc sections (reference 7) lead to 
the seme conclusions - that wings with supersonic -type sections tend 
to have some'wfaat poorer drag characteristice in the transonic range 
than wings with more conventional high-speed sections. 


BODIES 

With- the delay and reduction in the drag rise of wings that appear 
possible from the foregoing results the drag characteristics of the- 
body or fxiselage of the airplane may well become the .critical factor 
in determining tlie limiting normal operating speed of the airplane.. 

An investigation of body drag throu^ the transonic range has been 
undertaken by the free-fall method (reference 15) and the results to 
date are shown in figure 9 in which the drag coefficients, based on 
frontal area, of four simple bodies of revolution, varying in fineness 
ratio and In thickness distribution are compared over the Mach number 
range from 0. 85 to I.08. The drag values shown include the drag of ■ 
the stabilizir^ tall surfaces which wra^e identical in all cases. The 
body of fineness ratio 12 had a. similar thicloiess distribution to that 
of the fineness ratio 6 body, with the maximum diameter at half the 
body length. The start of the drag rise of the fineness ratio 12 body 
appears to occur at a considerably hl^er Mach mimber than for the 
fineness ratio 6 body although this advantage is more than offset at 
Mach nuinbers below 0*9^ by the greater skin friction drag of the longer 
body. The 'extent of the drag rise is also much lees - on the order of 
one- third — for the slender body so that at Mach numbers around 1.0 
its drag coefficient is only about' 60 percent ..of that of the fineness 
ratio 6 body* other two bodies, were formed by combinations of the 

forebody and ^terbody shapos of the fineness ratio 6 and fineness 
ratio 12 bodies. Of these two. bodies, the one wltli the blunter . 
forebody and' more slender afterbody has a lower drag at Mach numbers 
abova 0*92. Althou^ the drags of both these bodies lie /generally 
between the curves for the fineness, ratio 6 and 12. bodies,, the values 
are B^omewhat higher at Mach hurabers above 1.0 than would be eispected ' 
for a fineries s ratio 9 body of similar shape to the 6 and 12 bodies. 


This vlU he Indicated inore cleer!^ in another figure. A further 
point of interest in the data in this figure is in the similarity of 
the drag variation above Mach number 1.0 for the bocUes of similar - 
nose shape: for the two bodies having the more slender forebody 

the curves flatten out, ^diereaa with the blunter nose shape the 
. dl^ coefficient continues to Increase, suggesting that the nose shape 
becomes the dcmlnant factor in determining the, character of the drag 
variation of bodies very shortly after Mach number 1.0 has been 
exceeded. 

m figure 10 the drag coefficients of the four bodies at a Mach 
number of 1.08 are plotted to logarithmic scale as a function of the. 
Inverse of fineness ratio. The drag values shovn have been reduced 
to represent approximately the pressure or wave drag hy subtracting 
the measured drag of the stabilizing tail and estimated slsln friction 
from, the values shown in figure 9* The veilues for the fineness 
ratio 6 and fineness ratio 12 bodies, vhlch may be considered as 
belonging to the same shape family, fall very close to a line ■vdiich 
defines the drag as a function of the square of the inverse fineness 
ratio, or, in effect, the, square of the tlilclmees ratio. This 
result is in accord with the theory for the wave drag of slender 
bodies cf revolution at supersonic speeds and in fact the complete 

relation 

the same as that derived theoretically by Ll;;^tithill for slender 
parebolic bodies (reference l6) . The fact that the data for the 
two fineness ratio 9 bodies with diameter forward and aft of 

the midiength of the body lie above this line, ind.icates that these 
departures from the shape family represented -by -the fineness ratio 6 
and 12 bodies are both unfavorable. 

In connection with, a. study of the sources of the drag rise of 
bodies in the transonic range, pressure-distribution measurements on a 
body "of revolution have been obtained by the wing-flow method over 
the range of Mach numher from O.85 to I.05 (reference I7) . Some of 
these results are shown in figure 11. ^e body of parabolic shape 
in longitudinal .section with a fineness ratio of 6 and was sting 
supported as Indicated in the sketch In the left hand figure . The 
pressure-orifice locations are also shown in the sketch. The pressure 
distributions along the body are shown for four Mach numbers from O.92 
to 1.05 in the left hand figure and the variation of pressure-drag 
coefficient with Mach number determined from these data is plotted in 
the right hand figure. The pressure distribution for‘ Mach himber 0.92 
is typical of the results obtained at lower Mach numbers and gave no 
appreciable pressure drag. ;¥lth increasing Mach number, the suction 
peak moves back of the maximim dltmeter of the body and the pressure 
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defined by this line is almost exactly 



drag rises accordingly. The greatest rearward movement of the suction 
peak in relation to change of Mach nimiber occrirs "between Mach 
number O.96 and 1.00 and the drag rise is also most abrupt over this 
range. At Mach numbers from 1.00 to' 1.05; the change in presaxire 
distribution and in drag coefficient is' relatively small. Althou^ 
the pressures over the forebbdy increase some'vdiat as the Mach number 
increases and thereby contribute to the drag rise; the greater part- of 
the effect 15) to Mach number 1.0 arises from the gi^i^rth and reari^ard 
movement of the suction on the afterbody. As an indication that the 
pressure measurements and their interpretation in terms of the drag 
rise are probably not greatly Influenced by the low Reynolds number 
of these tests, the drag curve from the free-fall tests of a fineness 
ratio 6 body of generally similar shape is given by the dashed line 
in the ri^t-hand figure. The Reynolds number of these tests was 
acme twenty times that' of the wing-flow tests but the shapes of the 
curves are remarkably similar. 
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A final interpretation of "toe results of investigations of 
airplane coEjponents requires, of course, some understanding of the 
effects of combining these ccarqDonents In the complete airplane 
configuration. Figures 12 and 13 indicate some of the tendencies 
that have been observed in the effects of vlng-fuselage interaction 
on the drag rise. Figure 12 shows the variation of drag coefficient 
with Mach number throu;^ the beginning of the drag rise for throe 
unswept wings of varying thlclmess from high-speed tunnel tests 
(reference 2} . The solid lines apply to the wings alone, and the 
dashed lines to the ccmbinations of wing and fuselage. For these 
cases, the Mach number of the_drag rise and the rate of increase in 
the drag coefficient beyond the start of the drag rise appear to be 
practically unaffected by the addition of the fuselage. A similar 
absence of effects of adding a fuselage to the wing was noted in the 
results of high-speed tunnel tests of an airplane configuration 
incorporating a 35° sweptback wing (reference 18) . 

A considerably different result was indicated from free-fall teats 
of wing-body configiirations incoirporating wings of greater sweepback 
(reference 19). Figure I3 compairQS the drag-coefficient variation with 
Mach number for two combinations of Identical swept wings and 
fineness ratio 12 bodies, differing only in the position of the wings 
on' the body. With the wing located I/8 of the body length back of 
its maximum, di'amieter, the drag rise apparently did not occur until 
the Mach numbei’ was at least 0.05 greater than for the arrangement 
with the wing a similar distance forward of the maximum diameter. 



and the drag throughout the Mach number range covered vas markedly less. 
From the simultancoua measiirements of total drag and wing drag obtained 
in these tests it was evident that the greater part of the difference 
shown here arose from the effect of the wing position on the body drag: 
With the wing in the rearward position, the pi'esence of the wing 
appai'ently reduced the drag of the body appreciably below the values 
obtained with a similar body -vrLthout wings, i.iiereaa with the .wing in 
the forward position, tlia body drag was increased. It appears from 
these resiilts that considerable attention should, be given to the 
arrangement of the ■vring on the fuselage, at least 'vdian large sweep 
angles are used, to avoid the possibility of rather large luxfavorable 
Interaction effects . 
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By way. of conclusion, figure Ih was prepared to provide a somewhat 
more direct indication of the advances in operating speeds that may 
be e3q>ected from some of the changes in airplane configuration that • 
have been discussed. This figure shows the variation of drag coeffi- 
cient with Mach number for tliree simple body-wing-tall configurations 
incorporating fineness -ratio 12 bodies varying in ■vring sweep and 
thickness (reference 19 and data not yet published) con^ared with that 
for the representative modem Jet fighter discitssed earlier (reference l) . 
The curve designated T/sq represents the probable tlirust capabilities 
that can be expected of a turbojet engine in the Immediate future in 
terms of a representative wing area and dynamic pressi^re for con^jarison 
with the drag coefficients. The speed of the conventional airplane, 
with unswept wings, 13*pemsnt thick, is limited by the intersection of 
the thrust and drag cxnrves to a Mech number of 0.30 with the highest 
speed for reasonably efficient cruising probably not greater than 
0.70 in Mach number. It was found that the drags of models of three 
projected high-speed airplanes with wings of around 3u sweep and 
10- to 12 -percent thlclmess (references I8, 20, and 21) fell generally 
bet-vreen the two drag curves for the 35^ conflgirations shown here. It 
appears therefore that maximum speeds up to Mach number of 0.9 to 0.95 
and reasonable range up to Mach numbers of almost 0.9 can be realized 
with the moderate sweep and thickness that are being incorporated in 
a number of new high-speed Jet airplanes now in design, construction, 
or prototype stages. The 45° swept-wing arrang.ement shown on the 
right attained the hi^^eat Mach number before the drag rise and gave 
the most gradual drag rise of any wing-body -tall combination for which 
free-fall teat data are available. From these results it appears that 
with wings having sweep angles of 45° and sufficiently slender bodies, 
arranged to avoid unfavorable interaction effects, airplanes cruising 
at Mach numbers up to 0'«95 siid. with top speed around Mach number 1.0 are 



quite possible,- vith turbojet engines that are or probably soon will 
be available. This does not constitute the limit, of course: more 

extreme sweep should permit further advances In airplane operating 
speeds and an indication of the results that can be expected with 
sweep angles iq? to 63° will be given in a paper by Robert T. Jones. 
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Flgiire 1.- Effect of drag rise on range of representative modern 

turbojet airplane. 
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Figure 2 .- Effect of wing thickness ratio on Mach number of the 

drag rise. 
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Figure 3.- Effects of aspect tatio and sweep of wings on the Mach 
’ number of the drag rise; a = 0°. 



Figure 4.- Variation of drag coefficient of unswept wings with thickness 

ratio. M = 1.15; Cj^ = 0. 
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Figure 7,- Effects of various combinations of taper and sweep on the 
drag of wings at Mach number 1.15. Ct * 0. 
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Figure 8.- Comparison of drag of wings with sharp -leading -edge and 
conventional NACA airfoil sections through the transonic range. 
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Figure 9. - Effects of fineness ratio and thickness distribution on 
the drag of bodies of revolution at transonic speeds. 
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Figure 10.- Logarithmic plot of variation of pressure drag with inverse 
of fineness ratio for four bodies of revolution. 
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Figure 11.- Pressure distributions from wing-flow tests through the 
speed of sound on a fineness ratio 6 body of revolution, and com- 
parison of the corresponding pressure drag with the total drag 
measured in free-fall tests of a similar body. 



Figure 12.- Comparison of initial drag rise of wing alone and wing- 
fuselage combination for three wings of different thickness ratio. 
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Figure 13.- Effect on drag of wing-body-tall combination through 
transonic range due to fore-and-aft position of 45° swept wing. 
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Figure 14,- Comparison of drag rise of three wing-body-tail 
combinations varying in wing sweep and thickness and of 
representative, modern turbojet airplane. Thrust available 
from turbojet engine at 30,000 to 40,000 feet altitude shown 
in form corresponding to drag coefficient for comparison. 
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AIRFOIL SECTION CHARACTERISTICS 
AT HIGH SUBSONIC SPEEDS 
By Louis S. Stivers, Jr. 

Ames Aerondutlcal Laboratory ' . 

The design of airplane, lifting surfaces and tb© prediction of 
their aerodynamic characteristics- have always depended, to a great ',, 
extent, on airfoil section data. The drag data are of pai'tlcul^ , 
significance from the standpoint of airplane performance, whereas 
the lift and pltchlng-iaoment data are' of appreciable Importance . from 
the point of view .of airplane stability and control. It was .first 
believed, nevertheless, .that airfoil section data would he of. . 
limited value for swept wings. Recent ■theoretical work of . . ." . 

7, 7. Struminsky and also of R. T. Jones reported in fe’ferehces 1 
and 2, however, have Indlca'ted that airfoil Section data should have 
a wider scope of application in the design of hlgh-as^ct--ratlO. 
swept wings.. I.n,such use, the aerodynanrl o charac-terl sties of the ,, 
airfoil section .normal to the swept leading edge are UBed together. 
with the Reynolds and Me.ch- ntmbers’ corresponding to the, normal . 
cpii^nent of the free-etream velocity. According to the present ; 
knowledge, this is .the.; most logical procedure for the selection' of 
airfoil sections of a high-aspect— ratio wing either straight or' 
swept ... Although the qualitative use of airfoil section data is ' ^ 

made in the design of S'wept wings, it should not be inferred that 
such data may be used quantitatively. In view of the aforementioned 
application: it was thought that a review of ln^iortant high— speed 
properties of several. NACA 6-earie8 airfoils •would be .of interest, .. 

A large part of the data which will be presented has' already been 
reported In referancos 3 and h. 

. * ... * i ' 

It is generally known that the reduction in the lift and the 
abrupt Increase in the drag of an airfoil section (in other words, 
the divergence of forces) occur at speeds somewhat greater than the 
airfoil critical speed. Since the force-divergence Mach number's 
for a given airfoil are of particular interest in the design of 
wings for high-speed aircraft, it has been suggested that the critical 
Mach number might be used as a conservative Indication of these Mach 
numbers. In figure 1 is shown a calculated curve of critical Mach 
num'ber for the KACA 61*— 210 airfoil section. This curve was deter- 
mined from the K^mian-Tslen relationship between the critical Mach 
numbers and t2xe peak Incompressible pressure coefficients of the 
, airfoil. The extremities of the curve are determined by the peak 
pressures at the airfoil leading edge, whereas the center part is 
determined by the peak pressures which Sre, for this airfoil, at 
O.k chord. For comparison, curves of lift- and drag-divergence Mach 
numbers determined from ej^erimental results are also shown. 





It can bo seen in figure 1 that the critical Mach number curve 
is entirely Inadequab® indicating the range of lift coefficient 
over which the lift— and drag-divergence Mach numbers are the 
highest. Only in the center part does the curve of critical Mach 
number approximate, the force-divergence Mach number curves. This 
center part of the critical. Mach number curve is qtxlte close to 
the curve of drag-divergence Mach number, but the curve of lift- 
divergence Mach number is about 0.025 Mach number higher. For every 
lift coefficient shown in this figure, the Mach numbers of,, lift 
divergence are greater than the Mach numbers of drag divergence . A 
comparison of experimental and calculated critical Mach number curves 
V\AA ahown very good agreement between, the. center part of the curves; 
the- eitrei^ ties of ■ the experimental curve, hove yer, came between 
those of the curves of • caldxiLated critical Mach number and the curves 
of force-divergence Mach numbers. It is apparent, then, . tlJst the 
Kanadn-Tsien relation overestimates the increases in peak pressures 
at the airfoil leading edge . It is quite significant to note that 
there are greater differences between -the force-divergence Mach 
numbers and the critical Mach numbers when the critical Mach numbers 
have been determined from peak pressures at the airfoil leading edge 
than when they are determined from peak pressinres located somewhat 
behind the leading edge. This is explained by the falct that at a 
given tncremant in Mach niuaber above the critical the extent of the 
region of supersonic flow at the leading edge is much less than the 
corresponding region of flow at a position on the airfoil someVhat 
behind the leading edge . These remarks are aJ-so applicable to other 
airfoils besides the HACA 6-eerles type. 

. Ihe disposition of these curves of calculated critical Mach 
numbers AnA experimental lift^- and drag-divergence Mach numbers 
for other thin HACA 6-eerles airfoils can be expected to be similar 
to tibat shown in figure 1. At low lift coefficients the cambered 
airfoils have lift-divergence Mach numbers that are 0.02 to 0.06 
greater than the drag-dlvergsnce Mach numbers . In general, the 
differences between these force-divergence Mach numbers appear to 
be the greatest for the HACA 64-^ and 65-^erles airfoils, . G?he ranges 
of lift cosfficlents over which the force-divergence i4ach numbers 
are: .the highest also appear to be sonewhat greater for these series 
Off airfoils. 

■ . * * ' ■ * . • '* 

Associated with the divergence of airfoil lift at. supercritical 
Mach numbers is the variation of angle of attack required to maintain 
a given lift coefficient and th® reduction in airfoil lift-curve 
slope . Shown in figure 2 for several HACA 64— series airfoils- is 
the effect of airfoil thickness ratio and camber on the’ section 
angle of attac.k required to maintain, a lift coefficient of 0,1. 
Variations in this angle of attack are significant in that they lead 
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to corresponding changes In airplane trim* This figure shows that 
for the cambered airfoils' the Mach muaber of the abrupt change In 
angle of attack increases with a decrease In airfoil thickness ratio. 
It appears, also, that the large variation in angle of attack is not 
alleviated by a reduction in thickness ratio but is delayed to 
higher Mach numbers. The advantage of the symmetrical airfoil- is ,, 
clearly evident when the curves for the NACA 64-210 and 64— 010 alr~ 
foils aro compared. Up to the highest ffboh numbers shown, .the data . 
indicate that the symmetrical airfoil can maintain a constant lift 
coefficient of 0.1 with only very small changes in angle of attack. 

In figure 3 are shown the effects of thickness ratio a^, extent 
of favorable pressure gradient on the section lift-curve slopes per 
degree of several NACA 6-serles airfoils. From the standpoint of 
the static Longitudinal stability of an airplane, the variations of 
the lif tr-cui‘ve slope of the wing are of appreciable importance . , 

When the lift-curve slope of the wing increases, the downwash at 
the tall, plane increases correspondingly, leading to a decrease in 
airplane sta'bility; and for a decrease in the llft*^urve slope the 
converse is true. The thickness effect for several NACA 64— series 
airfoils is indicated in the upper group of curves in figure 3* 

It can be seen that the Mach numbers at which the lift-curve slopes 
begin to decrease and the values of the lift-curve slopes at these 
Mach numbers increase as the thickness ratio decreases. It is of ' . 
interest to note that the maximum value o-f the lift-curve slope for 
the airfoil with a 6-percent thickness is nearly three times as 
large as the value at Igw speeds. The effect of a change in the 
extent of favorable pressiure gradient from O.U chord to 0.6 chicl’d 
for' 10-percent thick NACA 6-series airfoils is indicated in the 
lower group of curves in this figure. The data show that the maximum 
values df lift-curve slope decrease as the region of favorable 
pressure gradient becomes more extensive or as the position of ■ 
maxinnxm thickness moves rearward, (The positions of maximum thick— 
nesh for the NACA 64—, 65—, and 66-serles airfoils are at approxi- 
mately. 38-, 41—, and 4-5— percent chord, respectively.) The Mach 
numbers at which the lift-curve slopes begin to decrease seem to 
be the least for the airfoil having the greatest extent of favorable 
pressure gradient. The preceding remarks can be expected to apply 
only to airfoils with small trailing- edge angles such as those of 
the NACA 6-serles airfoils, ' ■ • 

Data of reference 4 show that the lift-curve slopes for the 
NACA 63-210 airfoil are practically identical with thope for the 
NACA, 64-210 airfoil. Unpublished data indicate, that camber has 
very little effect on the llft-cxirve slopes of the thin NACA 6-eerles 
airfoils. ’ ■ 


Presented In figure l; are the, section drag characteristics of 
several KACA 64-serles airfoils as affected "by camber and thickness 
ratio . The lower group of curves indicate the effect of thickness 
at a section lift coefficient of 0.2. These data show that the 
Mach number of drag divergence increases as the thickness ratio 
decreases. Above this Mach number the increases in drag coefficient 
appear to be independent of thickness ratio. The upper two curves 
of jAls figuro show the variation of section drag coefficient at a 
lift coefficient of 0.2 for the NACA 64—210 and 64—010 airfoils. 

Even though .a comparison at this lift coefficient is disadvantageous 
for the symmetrical airfoil, the data show that it has a slightly 
higher drag-divergence. Mach n\imber. At Mach numbers Just above 
those for drag divergence the data show that the NACA 64-010 airfoil 
has the least drags; hence, the lift-cLrag ratios are the highest for 
this airfoil at these I'to.ch numbers'. 

Pltchlngnmoment data for tha NACA 6-B'erles airfoils show, in.;, 
general, no large changes until a Mach number in the vicinity of 
the lift— and drag-divergence Mach numbers has been reached. 
Corresponding data for other types of airfoils having trailing— edge 
angles considerably larger than those fbr the NACA 6-serles airfoils, .■ 
however, have shown abrupt changes in the pitching moments at high ■ 
lift coefficients which have’ indicated rearward shifts of the centeiw 
of-presaure position. Even at low lift coefficients, the latter 
type of airfoil, has' shown, forward movements of the position of center 
of pressure,. For these airfoils with large traillng-edge angles, 
thers is appreciable variation of. flow separation near the trailing 
edge with small changes in airfoil angle of attack. The action is 
effectively the same as if there weire a flap at the trailing edge 
deflected in opposition to the airfoil angle of attack. 

The data which. have ‘been presented thr.s far have been obtained 
at Mach Evimbers as high as 0.9. It is noteworthy that in the Langley 
transonic tunnel, which is now in operatlcn, airfoil pressure— 
distribution ^asurements may be made at a Mach number of approxima.tely 
unity. Shavn in figure 5 is a schematic diagram of this tunnel. Tha 
tunnel working section is actually a 3— inch annulus between two 
concentric circular cylinders. The airfoil models are fixed to the 
rim of a rotor having a diameter equivalent to that of the inner 
cylinder. The model rotates within the annulus at speeds which 
correspond to Mach numbers as high as 1.4. Since the ratio of tunnel 
height to model thickness for this. tunnel is 'almost infinite, the 
clm)king effects of the usual subsonic tunnel are eliminated . In 
order to prevent the model from operating in its own wake and to 
control the model angle of attack^ a low axial velocity is induced 
through the annulus . In order to' reduce tha effacts of the boundai'y 


layer on the tunnel walls In the vicinity of the nKxiil, air from the 
"boundary layer Is removed at three annular slots upstream of the 
test section. 

Shown in figure 6 are preliminary pressure-dletrihution data 
o"btalned in the Langley transonic tunnel at a Mach number of approxi- 
mately unity for the .KACA 66-006 airfoil ah zero angle of attack.- 
The data are presented as pressure I'atios: the ratio of the local 

pressure p on the surface of the airfoil to the stagnation 
pressure Pg. For cqn^jarison, the Prandtl-Meyer expansion was ^ 

computed for the supersonic region of the airfoil. A comparison of 
these curves shows that the pressure ratios given by the Prandtl- 
Meyer expansion are somewhat lower than 'the corresponding pressure 
ratios shown "by the test data. There Is a very good agreement,' 
however. In the shapes of the o\irves and tte chordwlse ^sition of 
the peedc pressures. This agreement Is remarkable in view of the 
fact that the Prandtl-^feyer expansion Is hased on the .assumptions 
that no "boundary layer exists on the airfoil and that bho sonic 
flow field extends from the airfoil^ surface bo Infinity. The. magni- 
tude of the experimental peak pressure corresponds to apprexlmate^ . 

^ percent of the calculated Prandtl-Meyer Increment, whereas at 
about, the 2>-percent-c.bord pOslbipn the o^oi*:|n^ntal pressure 
Correspond.s to approximately' Up '.percent; Ah analysis of the local 
supersonic region of- MCA Mr sections tested up to Mach numbers 
of approximately O'. 9 ^s been made "by Nitzberg and Sluder in 
reference 5. It was shown that values of the Prandtl-Meyer incre- 
ments from UO to 60 percent, depending upon the conditions at the 
"beginning of the sonic region, occur on the forward parts of the 
airfoils. A comparison of the calculated value of pressure drag, 
from the experimental data presented in figure 6, with corresponding 
data obtained from a freely falling hody shows good agreement. 

Data from the Langley 2U— inch high-speed tunnel for MCA l6-serles 
airfoil sections (reference 6) indicate that the camber for best 
lift-drag ratio L/D decreases rapidly as - the Mach number increases 
beyond the point of force divergence. Figure 7 presents typical 
results for the MCA l6— XO9 airfoil family at M = 0.775* For this 
particular speed best L/D at Cj = 0.5, for exan5)le, was obtained 
with a section cambered for a design lift coefficient c^^ of 

only 0.2. The results indicated that at somewhat higher Mach numbers 
best L/D wotild probably occur with zero camber. Reduction in camber 
also reduced ihe angle-of-attack variations required to maintain a 
given lift coefficient throughout the transonic-speed range . 
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NACA 64-210 AIRFOIL SECTION 



Figure 1.- Variation of the force -divergence and critical Mach 
numbers with section lift coefficient for the NACA 64-210 airfoil. 
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Figure 2.- Variation with Mach number of the angle of attack 

required to maintain a section lift coefficient of 0.1 for several 
NACA 64 -series airfoils. 
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Figure 5,- Schematic diagram of the Langley transonic tunnel. 



NACA 66-006 PROFILE 



Figure 6.- Preliminary pressure -distribution data obtained in the 
Langley transonic tunnel at a Mach number of approximately unity 
for the NACA 66-006 airfoil at zero angle of attack. 
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Figiire 7.- Lift-draig ratios for NACA 16-X09 airfoils at M = 0.775. 
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LIFT AKD LEAG CHAEACTHRISTICS OF A WING WITH SEVERAL ANGLES OF 
SWEEP at' HIGH SUBSONIC SPEEDS 
< By Richard T. Whitcomb 

Leh^ey Memoria]. Aeronautical Laboratory 

To obtain detailed information on flow around swept and unswept 
wings at high subsonic speeds, Tery extensive .pressure measurements 
have been made on and behind a thin, hi^-aspect— ratio wing with no 
sweep and with 30° and 45° of sweepback and eweepforwaM at Mach 
numbers from 0.60 to O .96 in the Langley 8-foot highr-epeed tunziel. 
Measurements have been made with and without aileron deflections; 

for unswept condition they have been made with ^d without 
spoilers, dive recovery flaps, and brakes. For the swept configuztf- 
tions measurements have been made with a midwing fuselage present, 
whereas for the , unswept condition they have been made with and without. 

the fuselage present, \ 

. « • ■ " ‘ . • • ■ . • ' . , 

The measurements. have included static— pressure-readings at chord- 
wise rows of Orifices at eight stations along the span of the wii:g and 
at one station on the fuselage, total pressure measurements at varioi» 
;■/ vertical stations be.hind. the wiiig, and measiureinents^ ^6^ the average and 
fluctuating downwash .at the probable horitontal tail location, Frc^ 
those measuremonts bhe," normal— fnrce, .drag, and moment coefficients, the 
spanwise and chordwise pressure and. load distributions, and wake . . 

patterns have been obtained for the various configurations. The 
major portion of the results is now available in KACA classified 
publications (references l.to $).. The remainder of the results will 
be made available/ in, the'^ nsar future.,, 

■ , ' , : • -i- r' ■ ■ •' ■ ■ 

Because of the llmitpd ai^5unt ,of time available even a summary 
discussion of 9,11 the ..results pbta.ln®d cannot be given. Instead, some, 

* of the more Inte, resting published and unpublished results pertaining 
to the normal force and drag of the unswept and swept wing without 
.aileron. or spoiler deflections are discussed briefly in the present 
paper and some of the other results obtained with aileron deflections 
are presented in the paper entitled "Effects of Sweep on Controls. 

I — Effectiveness** by Lowry and Johnson. The present paper Includes 
a brief discussion of some of the varlat ions of the over-all normal- 
force and profile-drag coefficients with Mach number presented in 
^ reference 5^ but will deal primarily with a discussion of the section 
^ lift and drag characteristics. These factors indicate where the most 
severe changes in lift and drag occur at hl^ Mach numbers and how the 
lift' and drag charactarlstlcs of a wing with a given amount of sweep 
may be Improved, The discussion will be limited to results obtained 
for conditions which usually occur during level flight at high speeds, 
but the results presented Indicate the general nature of the changes 
that .occur for other . conditions. _ 
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The model used in this inTestigation without sweep or fuselage is 
shown in figure 1. The unswept wing has' an'KACA 65-210 section, ein 
aspect ratio of 9.0^ and a taper ratio of 0.4. The span of the model 
is 37.8; the mean chord is 4.2, The model was supported In the tunnel 
"by a vertical steel plate as shown in figure 1. The model extended 
from both sides of the plate which completely spanned the tunnel and’ . 
effectively produced two semicircujar test sections, ..The advantages ; 
of such a ^pport are" descrihed- in reference 1’, 

Sweep was obtained by rotating the wing with respect to the support 
plate. Pressure measurements made on the tunnel wall indicate that the 
model on one side- of the strut had little effect on the; flow on the 
other side of the strut. A given, overfall configuration-represents, , 
therefore, hot a' yawed model but" s^ptback and sweptforward semispaii ' 
models. The semispan model with 30° of sweepback is shown in figure 2, 
The locations of the chordwise rows of pressure orifices are indicated 
in the same figure. The fuselage was placed in the midwing location. 

The tip was revised for each sweep to be parallel with the airstream. 
With these tips the aspect ratios of the- wing with 30° and- 45° of sweep 
were approximately 7«-5 aiid 5# respectiTely, Sweep is based on the" 
quarter-chord, line. 

, _ With the model in place th.e txxnnel choked _at Macti. numbers of 0,945, 
0,9T^, and 0,985, apfir9ximhtely, fc^' no. sweep, 30°, and pf sweep, 
respectively. Th.e data obtained at these choking l^ch.numbers are not 
applicable to the prediction of the wing char'acteiriaticS in free- air 
and these data are not presented, !The data obtained at Mach numbers 
of 0.925 and 0.96 for the unswept and swept, conditions, respectively, 
are affected to only a slight de^ee by choking tendencies, and pressure 
data obtained at these Mach numbers are presented. With the wake^eurvey 
support strut in place the tunnel choked at a Mach' number of 0,89. 
Pressure measure^nts indicate that the tunnel choked ,at the support 
strut hehind the model, and this choking did; not affect the field of 
flow at the modal but merely limited the maximum test Mach number. 

Data obtained at this Mach number are', therefore, presented. ' 

Presented in figure 3 are variations of th,e. wing normal— force coef- 
ficients obtain^^' from’ the pressure measurements with ^fe,ch num'ber for 
the various sweeps at an angle of attack of '2°. The normal-force coef- 
ficient for the unswept wing started to .decrease due to the onset of 
shock at a Mach number of approximately 0.75. The normal-force coef-^ 
ficients for the wing with 30° of sweepfoi’ward and sweepback started 
to decrease at a Mach number approximately 0,1 greater than the Mach 
nimber at which the coefficient for the wing with no sweep started to 
decrease. There are no losses in the normal-force coefficients for 
the wings with 45° of sweepforward and Sweepbacki Not only is the 
Mach number at' which the normal— force coefficients decrease delayed 
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for 30° of sweepforward arsd aweepback "but more importeait the aa^ltud© 
of tho changes Is reduced* The magnitude of the change for the svept- 
forward condition is less than that for the sweptback condition. ■ 

Part of these rarlatlons are due to changes in the. aspect ratio, 
Hovever, it la believed that the' major portion of the changes is due 
to the effects of sweep. For .the angle of. attack for which data are 
presented, the normal— force coefficients are generally very nearly 
equal to the lift coefficients and it' may be assumed that the variations 
of the normal— force coefficient with Mach number presented are the same 
as the variations of the lift coefficient with Mach number. 

Presented in figure 4 are variations of the wing profile— drag 
coefficients obtained from the .trake-survey measurenwnts with Mach number 
for the various sweeps at an angle of attack of 2*^. The wing profile- 
drag coefficient for the wing with no sweep Increased rapidly due to 
the onset of shock at a Mach number of approximately 0.75- The' wing 
profile-drag coefficient for the wing with 30*^ of sweepback increased 
rapidly at a Mach number approximately O.O8 greater than the. Mach 
number at which the drag increase occitreed on the wing with no sweep. 

T^. wing proflle-drag coefficient for the wing with s?7eepforward 
started to Increase gradually at approximately the same Mach number as 

at \Alch. tha,. rapid increase in., drag coefficient occurred for the 
wing without sweep' and Ihcreased abruptly at the Mach liumber at which 
the simlla-r abrupt increase occurred for the wing with 30° of sweepback. 
The wing with 45° sweepback experienced no large Increase in the profile- 
drag coefficient . ' 

A comparison of the measured loss in ixonnal—f orce coefficient and 
Inwease, in profile-drag coefficient produced by the occurrence of shock 
for a sweep angle of 30° and an angle of attack of 2° with the changes 
predicted for the same condition by use of the characteristics of- the 
unswept wing and the simple sweep theory is presented in figure 5-' The 
measured changes are shown as heavy lines, the predicted as dashed lines. 
The meastn^d lose in normal— force coefficient, is almost exactly the same 
as the predicted loss. The measured increase in drag coefficients 
occurs ..InltlalJLy., at about the. same Mach number as does the predicted 
Increase but is more severe than the predicted increase. The agreement 
between the measured and predicted variations is much closer than any 
previous similar comparison has shown. The closer agreement is believed 
to be due to the relieving effect of the midwing fuselage on the flow 
around the root of the swept wing. 

Presented in figure 6 are spanwlse variations of the section 
normal-force and section profllenirag coefficients for the wing without 
sweep at an angle of attack of 2° at various Mach numbers, obtained 
from the pressure and woke n»asureinents . Because of the asymmetrical, 
three-dimensional flow around the wing, the spanwlse variations 
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of section profile-drag coefficient ottained from waloe measurements 
mad© "behind the vlng are' not exactly the same as the actual spanwlse 
variations of the 'coefficients at the wing. The variations for all 
sweeps are holleved to "be very itearly correct, hcwever. The spanwise 
variation of section normal force at a Mach number of 0.6 is very 
nearly the same as that predicted by use of potent iaJ.-f low theory. 

The section profile-drag coefficients for the various sections are 
very nearly the saoie val^ue for a Mach number of 0.6. 

When the Mach number is increased "beyond the critical value, the 
normal-force coefficients for the various sections decrease and generally 
the section profile-drag coefficients' increase. The increase in normal- 
force. coefficient and the decrease in drag coefficient occur at higher 
Mach nunfljers and are much less severe for the sections near the tip 
and root, however. The delay in the Mach number at which the increase 
in. drag coefficient occurs on the tip is so great that no drag increase^ 
occurs at this 'region" up to the highest teat Mach numbers.. 

The delays aiid reductions of the "changes at the tip may be attri- 
buted to the three-dimensional flow around the tip. This flow reduces 
the induced' velocities, over the tip sections, thus increasing the 
Mach numbers at which severe sliock occurs on these sections. Also', 
"because of this flow the air is directed inwa^ over t,be upper surface - 
of the tip sections and the tip effectively has i^epforward. .The;-.- ''r'""'’ 
delay and reductions of , the changes at the root B0ctl9ns may be attri- :• 
buted to'the Relieving effect. of the midwing fi:^iage, ,, . • 

- Similar spanwise variations of the section normal— force coef- 
ficient and the section profile-drag coefficient for the wing with 30° 
of sweepf orward, f or an angle of attack of 2° at, various Mach numbers • 
are "presented in figure 7, The spanwise variation of section normal— 
fofee' Goefficlent. at a Mach number of 0.6 is very nearly the same as ‘ ' 
that’ predicted, by use of potential-flow theory. The section profile- 
drag coefficients for the various sections are very nearly the same - 
■acrofifsthe semlspah. This spanwise uniformity Of section profile— 
drag .c'defflc lent indicates that there is very little spanwise flow 
of -air' in. tte boundary _ layer on a,, swept forward wliig at the angle of '■ 
attack for which these' data are presented. When the Mach nmber is 
Increased beyond a Mach number of 0.8, the section profile-drag coef- 
ficients for the root sections increase; The gradual increase in the .■ 
over-ell drag coefficient for the sweptforward wing, which occurs at 
approximately the same Ifech number as shown in figure k, may be attrl— ■ 
buted to this rise in the coefficients for tlie root. When the Mach 
number is increased up to the highest test value, the section profile- 
drag doeffioients for the root sections become very large. The section ■ 
prbflle-4rag' cbefflolents fOT tla outbbard "sections rise only slightly, 
however." In fact, the increases in' the section profile-drag coefficient 
wl-th Mach number for these outboard sections are less than those predicted 


■fay use of the simple sweep theory. As a result, the abrupt increase 
in the ovex^-al l drag coefficient for the sweptforward wing, which 
occurs at a Mach number of approximately O.85, may be attributed 
primarily to the increase in the section profile-drag coefficients 
at the root sections. There is_np, severe reduction in the section 
normal— force coefficients for the root sections associated with the 
increases in the section profile-^ag coefficients for these sections. 
Similar early and severe changes in the section profile-drag coef- 
ficients at the wing— fuselage Juncture occur with of sweepforward. 

Because of the severe separation of the flow near the wing- 
fuselage Juncture associated with the large Increases in drag at 
these sections, the wake behind this Juncture is very large at the 
hi^r Mach numbers; and due to the large wate, the downwash at the 
probable tall location changes by very large amounts at relatively 
low Mach numbers in congiarison with the Mach numbers at which the 
changes occur behind the wing with a similar amount of sweepback. 

The reason for the early abrupt separation of the flow at the 
root sections is shoTO by the pressure measurements made on the 
surface of the wing. Presented in figure 8 are contour maps of the 
pressures measured on the upper surface of the wing with 30'^ of 
sweepforward for sn angle of attack of 2 ° at a Mach number of 0 . 6 . 

The solid lj.nes show the lines of constant pressure coefficient; 
the. dashed lines indicate the lines of peak pressure. The contours 
indicate very high negative pressures or high Induced velocities at 
the leading edge of the root sections. Because of these high Induced 
velocities, the critical Mach numbers for the root sections are much 
lower than the critical Mach numbers for the sections further out- 
board and it would be expected that severe shock would occur on the 
root sections and that the flow oveV these sections would separate 
at much lower Mach numbers than it would at the otrtboard sections. 

The high negative pressures on the leading edge of the root 
sections may be attributed to the Induced flow associated with 
sweptforward wings. It la believed that the pressure peaks may be 
reduced, and thus the critical Mach number and the Mach number at 
which shock occurs may be Increased, by reshaping the fuselage and 
by washing out the root sections. Reshaping the fuselage alone would 
probably not completely eliminate the pressure peaks since the effect 
of such a reshaping would be local, while the pressure peaks extend 
over a considerable region of the wing leading edge, 

Spanwise variations of the section normal— force coefficients and 
section profile-drag coefficients for the wing with 30° of sweepback 
for an angle of attack of 2 ° at several Mach numbers are presented 
in figure 9« The spanwise variation of section normalf-force coefficient 


for a Mach ntunber of, 0,6 is again very nearly the same as that predicted 
hy use of pofentiai-flow theoiT. ' The section prdflle-^rag coefficients 
are very nearly the eame for each, of the^sections along the semispan. 
When the Mach numiber is Increased from 0.6 to the highest test value, 
the various sections experience reductions in the normal-force coef— 
ficients'and increases in the profile-drag coefficients as would be 
expected. The reductions in the normal-force coefficients and the 
increases in the profile-drag coefficients occur at lower Mach numbers 
and are much more severe at the outboard, sections than at the inboard 
sections. The increases in the profile-drag coefficient for the tip 
secti.ons are so severe that at the hipest , test Mach number, a Ifech 
ntanber of 0.89, the section profile-drag coefficient for these sections 
for the sweptback wing are greater than those- for the tip sections of 
the unswept wing. Near the_ wing-fuselage Juncture the drag coefficients 
moasu.red at the highest test ^fach number are the same as those measured 
at 'a Mach manber of 0.6. Those data indicate spanvise variations of 
the changes in the Section characteristics associated with the onset 
of shock which are exactly opposite to those which were thought to 
occur on sweptback wings. Instead of the initial and most severe 
changes occi^ing at the root, they occur at the tip. 

^ ■ With U5° of sweepback, the spanwise variations of section normal— 
force and section profile-drag coefficients are nearly the same for 
all Ifech numbers up to the highest test value, Eoirever, the wake 
measurements made behind this wing at a Mach mimber of O.89 indicate 
a sll^t initial increase in the drag coeffiolents for the tip section, 

■■ The early and severe changes in the characteristics of the tip 
sections may be attributed to three factors: lower critical Mach numbers 

for the tip sections, the distribution of pressures on the tip sections, 
and the inflow over the upper surface of the tip section. ■ The contour 
map of the pressure coefficients for the upper s^n’face of the wing 
wlth“30° of sweepback for an angle of attack of 2^ at a Mach number ''' 
of 0,6 is presented in figure 10, Because of the relieving effect of 
the fuselage, the maximum pressure coefficients at the root sections 
are less than the maximum pressure coefficients for the sections 
further outboard. Due to the Induced flow, peculiar to sweptback wings, 
pressure peaJes occur on the leading edge of the sections near the tip. 

As a result of this spanwise variation in peak pressures, the critical 
Mach numbers for the tip sections are less than those for' the root 
sections. Near the tip the distribution of pressure Is changed in 
such a manner that the region of maximum pressure coefficients slopes ' 
forward with respect to the swept span of the wing. Assuming that 
shock occurs initially in the region of maximum pressure coefficients 
it may be deducted,, that the effective sweep of the tip Sections is less 
than the geometric sweep of the,, wing. Because of the flow around the 
tip, the floir over the upper surface of the .tip sections is directly 


l]vrard and the effective eweephack of the tip aoctions is further 
reduced. E^ch of these factors would lead to earlier eind more severe 
separation and changes in the section normal— force coefficients and 
section profile-drag coefficients near the tip. 

None of the previously mentioned factors osplains the extraordinary 
delay in the Increases of section profile-drag coefficients for the root 
sections. The contour map of the pressures measured on the upper stirface 
of the wing' with 30° of sweephack for an angle of attack of at a Mach 
number of 0,85 (fig» H) indicates the probable reason for this delay. 

At this Mach number, there is a severe shock along the entire semispan 
of the vlng, as Indicated by the very severe adverse pressure gradient 
near the trailing edge , Ihis shock appears to be normal to the stream 
and very near the trailing edge at the wing-fuselage Junctxire, It 
would be expected that such a strong hornjal shock would lead to severe 
separation at the wln^^fuaelage Juncture, The pressure recovery behind 
the shock indicates, however, that very little separation is produced 
by the shock. 

Since the initial and most severe changes in the section character- 
istics occur at the tip, it might be expected that the changes in the 
ove3>-all normal-force and profile-drag coefficient for the wing with 
sweephack could be delayed and perhaps reduced by washing out the tip 
sections to reduce the angle of attack of these sections which experience 
the most severe changes. Ho data have been obtained to show the effects 
of washout on tho changes in the normal— force and profile-drag coef- 
ficients; however, pressure data have been obtained on the wing of the 
present discussion with aileron deflection of —5*^ which should simulate . 
to a certain extent a washout condition. The normal-force results 
obtained with this allei-on deflection indicate that a definite reduction 
in the changes of the normal-force coefficient with Mach number for the 
wing with 30 ° of sweq^back is produced by such a deflection. Washout 
applied to the wing to Improto tbs hlgbr-speed cliraoterlstlcs would 
also probably improve the landing characteristics of the wing but might 
produce adverse changes in the lateral stability and control character- 
istics of the wing, ■ 

The results of detailed presexire measurements made on and behind 
a hlgh-aspectr-ratlo wiJig with and without sweep at high subsonic Mach 
numbers indicate that the Initial and most severe changes in the noimaal- 
force and profile-drag characteristics occur at the tip for sweptback 
wings and at the root for sweptforward wings. The results also Indicate 
means of improving the high-speed normal-force and profile-drag charao- 
teristlcs of a wing with a given amount of sweep. 
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Figure 1.- Photographs of unswept wing without fuselage. 
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Figure 11.-. Equal pressure -coefficient contours for A= 30°, 

0=2°, and M = 0.89. 
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LAHDIUO CHARACTERISTICS OF HIGH-^PEED WINGS 
By Herbert A, Wilson, Jr. and Laiirence K. Loftln, Jr. 
Langley Memorial Aei-onautical Laboratory 


The wings of aircraft designed to fly at transonic Mach numbers 
are usually characterlxed by thin airfoil sections and. In most cases, 
low aspect ratio and considerable sweep. The poor majdaum lift 
characteristics of such wings and the difficulties associated with the 
prediction of their characteristics haye greatly complicated the 
problem of designing high-speed aircraft to land at speeds within 
the capabilities even of highly skilled pilots. Considerable effort 
is therefore being directed toward the improvement of the maximum 
lift characteristics of wings suitable for high-speed applications. 

The present paper first reviews the develojanent of high-lift devices 
in two dimensions j second, surveys the available large scale data of 
the charactaristlca of three-dimensional wings ; and third, indicates 
briefly the correlation between the characteristics of swept and 
unswept wings. 

The:hlgh-llft devices investigated are in the following two 
olassea; those which are applied to the trailing edge of the airfoil 
and those which are applied to the leading edge of the airfoil. For 
airfoils which are only moderately thin, a section maximum lift' 
sufficiently high often can be obtained by the use of a suitable 
traillng-edge device alone. For thin airfoils or for airfoils having 
sharp leading edges, however, the large peak negative pressures 
near the leading edge and the subsequent highly adverse pressure 
gradient cause lamlne^ separation near the leading edge. Accordingly, 
it is necessary to use a leading-edge device designed to lower this 
peak and reduce the adverse pressure gradient in order to obtain 
large Increases in the section maximum lift coefficient with these 
airfoil sections . . 

Double slotted flaps have long been known to provide about the 
largest gains In lift of aU. types of tralllng-odge flaps. . In 
figure 1 are shown results obtained with the NACA 65-210 airfoil 
equipped with such a flap and also with single slotted and with 
split flaps. (See reference 1.) The, results herein shown and those 
for figures 2 to 4 have been obtained with a two-dimensional setup 
at a Reynolds number of 6 x 10^, which corresponds approximately 
to that for an airplane with a 6-foot-chord wing landing at 100 miles 
per hour. The relative merit of the types of flap is clearly shown. 
The highest maximum lift coefficient obtained was about 2.80 with 
the double slotted flap. The values shown for the two types of 
slotted flap are for the optimum locations of flap and vane and, if 
such flaps were applied to a three-dimensional swept wing, some further 
experimentation might be required to insure that' the optimum location 
remains the saiiB.. , . I 


The effects of section thlctaess ratio and the location of minimum 
presswe at the design lift coefficient have "been investigated for a 
number of MCA 6— aeries airfoils with double slotted flaps (reference 2). 
In figure 2 the left side shcftfs the variation of maximum lift coefficient 
with thiclcneas ratio for airfoils with a design lift coefficient of 0.2. 
The variation 1s seen to be approximately linear for both smooth and 
rough airfoils over the test range. On the right side data indicating 
the effect of minimxm pressure location at the design lift coefficient 
are shown for lO-percsnt-thlck airfoils with a design lift cbeffio lent 
of 0.2. The maximum lift coefficient is seen to decrease linearly 
as the position of minimum pressure moves rearward. (See curve for 
smooth; airfoils In fig. 2.) , For rough airfoils the minimum-pressure 
location is unimportant . • 

It should be pointed out herein that these high maximum lift coef- 
ficients are also accompanied by high negative pressure peaks at the 
leading edge. Inasmuch as high landing speeds are being considered for 
many high— speed' aircraft, it is altogether possible that maximum lift 
coefficients different from those shown might be obtained because of 
Mach number effects (reference 3). 

The effectiveness of leading-edge devices in Increasing the 
maximum lift is shown In figure 3. These results' were obtained with a 
MCA 6hx-r012 airfoil section equipped with a split flap, with a fiose' 
flap of the type that is hinged out frem the lower surface, and with 
a ncse flap extending tangentially from the upper surface at the leading 
edge (reference 4). It is seen that the maximum effectiveness - 
of the nose flaps is on.l.y realized when they are used in conjunction 
with the trailing— edge flap. Also, the tangential type of flap is 
seen, t.o give somewhat better results than the lover surface type. 

The leading-edge devices discussed herein are not the only ones 
that could be made effective. Any leading— edge device which tends to 
reduce the negative pressure peak and the adverse pressure gradient 
at the leading edge should be effective in increasing the maximum 
lift of a thin airfoil. 

Ah indication of what can be accomplished on thin biconvex airfoils 
with another such device is shown in figure 4. A droop nose of 0.15c 
and a- plain trailing— edge flap of 0.20c have been investigated on a 
biconvex airfoil 6-J)ercent thick-. (See reference 5.) The highest 
maximum lift coefficient of nearly 2.00 was obtained with the leading 
and trailing flaps at their optimum deflections of 30° and 0D°, ' 
respectively* Subs-tantially the same resiilts were obtained with the . 

10— percent— thick biconvex section and with a 6-percent— thick MCA 64— series 
section between Reynolds numbers of 3 x 10° and- 9 x 10°. Recent 
testa of an MCA 63-OO6 airfoil indicate a favorable scale effect 
between Reynolds numbers of ■ 9 x 2^- 4nd 25 x 10°; whereas over 
the same range 'the biconvex sections show no scale effect. These 
results indicate that at 6-percent thickness as well as at about 9— to 



lO-percent thickness the conventional section may have some slight 
advantage from a laaximim lift standpoint.. 

The discussion has thus far dealt only with two-dimensional 
results. At present no adequate method has "been developed for predicting 
the high-angle-of-attack cliaracteristics of swept wings. Such studies 
as the ones hy Sivells and Neely (reference 6 ) and Sivells (reference 7) 

' in which nonlinear section data have been applied to the calculation 
of the characteristics of unswept wings and those described in refer- 
ences 8 and 9 1^ which liftlxig— line and lifting— surface theories have 
been applied to the calculation of swept-^-^ing characteristics at low 
and moderate angles of attack together with the section data form a 
valuable background \^on which to base conjectures as to the probable 
effect of various moddfications to swept wings. It is necessary however 
to rely on large scale experiment for the final quantitative evaluation 
of the characteristics of wings having any considerable amount of 
sweep. 

In answer to the need for an organization of the data pertaining 
to the maximum lift cheracteristica of swept wings Sweberg and Lange 
have summarized the existing data (reference 10) . The principal 
emphasis in this report was on the- effects of Reynolds number and the 
importance of obtaining swept-wing results at the highest possible 
scale was established. Since the Investigation of reference 10 was 
made, a nvimber of large Reynolds nximber Investigations of the high— lift- 
range characteristica of wings for high-speed aircraft h^ve been completed 
in the Langley 19— foot pressure t\innel, the Langley full-scale tunnel 
and in the Ames 40— by 8o— foot tunnel. These investigations have been 
Closely correlated but the configurations have not In general been 
sufficiently systematized to allow the Isolation of the effects of sweep 
angle from those of aspect ratio and taper ratio. It is possible at 
this time, however, to di’aw a number of useful conclusions from these 
. results. 

. The information of the cfiaracterlstics of three-dimensional wings 
presented in figures 5 bo l4 is only a very brief summary of the total 
of the infold t ion that is available. The detailed test results and 
analysis are contained in references 11 to 22 and a few other prospective 
reports. 

The first effect to be dlscuBsed is that of Re;,Tiolds number. 

Figure 5 shows the maximum— lift-coefficient variation with Reynolds 
number obtained with foiir swept wings. Generally speaking the effects 
are small. The most significant result is a small increase in the 
maximum lift coefficient between Reynolds numbers of 4.2 x 10° 
and 5.5 X 10^ for the wing having 42° sweep and NACA 64^-112 airfoil 
sect-ions.: This Increase is rather unimportant in itself but is 
acccmpanied by significant improvements' in the longitudinal stability. 


Adding standard roughness to the wing as shora by the dashed curve 
decreases the lift coefficient over the entire range and eliminates the 
favorable scale effect. The same wing' with biconvex airfoil sections 
shows no scale effect within the test range just as was tho case for 
the two-dimensional airfoil results. 

'The wing with 48° sweep had lower scale effect even than the 42° 
swept wing and the changes still occur below a Reynolds number of 
5 X 10°. All of the results shown hereinafter were obtained above 
this critical range. 

Inasmuch as the experimental information obtained herein has been 
obtained both with and without fuselage, it is desirable first to 
examine the effect of the fuselage on the maximum lift characteristics 
so that both types of results can be used later. Figure 6 shows the 
results of a series of tests made with a 42° swept wing of aspect ratio 4 
with a fuselage iii the high-wing, the mldwing, and the low-wing locations. 
The- fuselage had a relatively small effect on the maximum lift. The 
drag of the fuselage likewise is an unimportant factor in the high— 
lift-coefficient range. The vertical locablon of the wing, on the 
fuselage made, no. difference for the plain-wing results and in the highr- 
lift-coefficient range made no difference with the flapped wing. 

The same conclusions do not, however, apply to the longitudinal 
stability characteristics at the stall. In this connection a few 
stability effects, where they are of first-order importance, will be 
pointed out during the discussion of the results. However, the 
stability of, swept wings in the low-speed ranges is the subject of a 
paper to be presented at this conference by Mr. Donlan entitled 
"Current Status of Longitudinal Stability." 

, The next variable discussed is that of airfoil section. Results 
are shown in figure 7 for tliree wings — one with 42° sweep, one 
with 48° sweep, and a 60° delta wing. Airfoils of convent lonal 
section and shape are represented by the NACA 64i— 112 airfoil sections 
(perpendicular to quarter-chord line) in the first two cases and by 
the NACA 0015-^ airfoil (root section) in the third case. The very 
thin sections are represented by biconvex sections 10-percent thick 
and in the case, of the delta wing are also represented by adding a 
sharp leading edge to promote separation. For the 42° swept wing, 
representative of the moderate sweep case, it is seen that the airfoil 
section makes a large difference in the maximim lift characteristics. 

The decrease in maxim\jm lift resulting from the use of the biconvex 
or thin sections is, likewise, accompanied by extremely undesirable 
changes in the longitudinal stability. In the higher sweep range 
represented by the 48° swept wing the. effects of airfoil section 
are much less luarked, and in the extremely high sweep range represented 
by the delta wing it would appear that sharp-leading-edge airfoil sections 
may have seme slight advantages over the conventional sections although 
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it is suspected that more favorable results might have been obtained 
by the use of a thinner conventional section. 

Throughout the investigations summarized herein, split flaps or 
plain flaps of about 2C percent chord have, been used with the wings 
to give an index of the lift producing capacity of the wing with 
tralllng-edge high-lift devices in general. 

The results obtained by applying semispan split flaps to the 42° 
and the 43° swept wings with NACA 64-serle3 airfoil sections are shown in 
figure 8. With the 42° swept wing a lift increment of 0.20 was 
obtained which was about two— thirds of the lift increment due to these 
flaps below the angle for maximum lift. The maximum lift Increment 
for the 48° swept wing was considerably' smaller although the Increment 
in lift below the stall was about t.he seme .as for the 42° swept wing . 
with due c.onsl derat ion taken of the differences in sweep of the two wings . 
It would appear from these results that the effectiveness of flaps 
in increasing the maximum lift falls off rapidly' as the sweep Increases. 
This is in accord with the data obtained by McCormack and Stevens in 
the Ames 40— by 80— foot tunnel (reference 11) . These results indicate 
that at a sweep angle of about 60° flaps will be ineffective in increasing 
tho. maximum lift. 

Also, ' shown in this figure are key letters designating the longi- 
tudinal stability characteristics at the stall for, each configuration. 
These letters, G for good, M for marginal, and P for poor, will 
be used in figures 8 to 11. A curve of pitching-moment coefficient 
against lift coefficient which has no abrupt slope changes in a positive 
direction and which either breaks in a negative direction or doos not 
change at the stall is considered to be good, A pitching-moment ciurve 
which has sharp changes in slope in an unstable (positive) direction 
beiow the stall or which, breaks in a positive direction at the stall 
is considered poor. It must be realized, of course, that the tail 
geometry and location will also affect the stability of the final 
airplane. All of the wings shown in figure 8 had poor longitudinal 
stability at the stall, arising from tip stalling which caused unstable 
breaks . 

• ■ The. biconvex. wing results are shown, in figure 9* For the case 
of 0° sweep the increment obtained from the traillng-edge flap is very 
large. But as the sweep is increased the lift increment becomes 
progressively smaller even though reasonably large Increments in lift 
coefficient are produced below the stall. The failure of the flaps 
to give substantial increases in maximum lift coefficient is a 
consequence of early tip stall, and it has become quite evident that in 
order to produce satisfactory lift characteristics on. these wings it 
will be necessary to provide the wing tip with a leading-edge stall 



control aid or hlgb-lift device. An additional phenomenon shown herein 
is the 'beneficial effect of sweep on the maximum lift coefficient of 
these thin sections. For the unswept case the maxiravun lift coefficient 
of 0.58 measured for the basic wing is below the section value of 
about O.T about the amount that would be calculated from standard 
methods of applying section data to three-dimensional wings. As. the 
sweep Increases, however, the maximum lift of the wing increases 
and exceeds the section value. This result is associated with a strong 
spanwise flow at the leading edge of the wing which enables the flow 
over the bubble of separation at the leading edge to reestablish 
itself at higher angles of attack than for the two-dimensional case 
(references 12 and I3). 

The longitudinal stability characteristics of the unswept wing and 
of the delta wing are good. For the swept wings the pitching-moment 
curves have a highly unstable slope as maximum lift is approached and 
even though the eventual break is in a stable direction, the character- 
istics helow the stall are sufficiently undesirable to warrant the poor 
claaslf icatlon. 

The results obtained with leading-edge high-lift devices Installed 
on these four wings are shown in figure 10. Two kinds of flap have 
been used — the droop nose and the extended type with a rounded leading 
edge (fig. 10). Drooping the nose of the rectangular wing increased 
the maximum lift coefficient by about 0.30; adding the extended type 
of nose flap gives an additional increment of almost O.3O since, in 
this case, a rounded leading edge is provided for the airfoil as well 
as an increase in the forward camber. These improvements are additive 
to the Increments that can be obtained by the use of tralling-edge flaps 
as shown by the top curve. A similar picture is presented for the h2° 
swept wing, and it appears that once the tip stalling is controlled 
by the use of the leading-edge device relatively large Increases in 
the maximum lift can be obtained. The two flapped arrangements shown 
(fig. 10) are for partial-epan leading-edge flaps. These arrangements 
are shown in preference to arrangements having a greater spanwise 
extent of the leading-edge flaps because they have favorable .longi- 
tudinal stability characteristics, whereas some others which give 
slightly greater maximum lifts have unfavorable pitching-moment 
characterie'^ics. On the 48® swept wing the leading-edge droop was also 
effective, but as noted in figure 9 with the plain tralling-edge flaps 
the greatest maxlmim lift coefficient attainable at this sweep was 
considerably smaller. On the delta wing a small increment in max i mum 
lift was obtained by deflecting the small leading-edge droop indicated 
and an additional sioall increase in maximum lift coefficient was obtained 
by deflecting the tralling-edge flap. The increment in lift obtained 
below the stall for this arrangement may perhaps be useful for maintaining 
a more satisfactory attitude during the landing approach. For the 42° 
and 48° swept wings which had poor longitudinal stability at the stall 


for the "basic wing deflecting the nose flap had a distinctly "beneficial 
effect. This Is particularly true of the 42° swept-^lng case in which 
the addition of the optimum configuration of nose flap provides excellent 
longitudinal characteristics. 

The data from this figure show that the use of an opt i mum leading- 
edge high-lift device on any wing having a thin or sharp leading-edge 
airfoil section will improve significantly both its maximum lift - 
characteristics and its longitudinal sta"bility at the stall. 

Similar results for the wings of NACA 64-series airfoil sections are 
shown in figui’e 11. The addition of the nose flap to the 42° swept 
wing increased the maximum lift coefficient about 0.20 and made the wing 
stable at the stall. (See fig. 11.) This lift Increment is somewhat 
Ictwer than that obtained with the biconvex wing principally because 
the maxlmim lift of the basic wing is much higher. The addition of 
split flaps gave a further increase in to X.^Q, still maintaining 

stable longitudinal characteristics at the stall. This maximum lift 
value was only slightly higher than the one shown In figure 10 for the 
biconvex wing. 

■ The addition of nose and split flaps to the 43° swept wing gave 
smaller increases than for the 42° swept wing as was noted earlier for 
split flaps and, moreover, the wing still remained unstable at the stall. 
On the extreme right in figure 11 are shown results that were obtained 
by the use of boundary— Layer suction applied at the 0.20c, 0.40c, 
and 0.70c locations on the 48° swept wing with nose flaps and with both 
nose and split flaps. The lift increments obtained were relatively small 
but th© stability was greatly improved. The maximum lift coefficient 
of a^bst 1.25 obtained for this conflgviratlon is the highest thus far 
obtained with this wing plan form. 

This paper has, thus' fan:, discussed only the changes in the 
maximum lift produced by -these high— lift devices. If power-off 
landings are to be expected of the airplane or if the thrust available 
during the landing phase is limited, the drag near maximum lift is of 
great importance Inasmuch as it determines the vertical speed during 
the landing approach. It has been found that a sini^ing speed in excess 
of about 25 to 30 feet per second will probably lead to erratic landings 
even on the part of highly skilled pilots (reference 23). This fact 
seems to b© relatively Independent of the forward speed at which the 
landing is made. In figure 12 e erne lift-drag polar curves for various 
configurations of the 42° swept wing have been shown. Superimposed, upon 
these curves are contoui’s of the forward speed and the vertical speed 
for a power-off glide at a wing loading of.40 -pounds per square foot. 

In order to show the significance of these forward speed-sinking speed 
charts, a point is indicated that represents the forward speed and , 
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sinking speed for a reference aii^lane for which flight test data were 
available (reference 23). This airplane was of the two-engine medium- 
bomber class and was only landed power off in emergency. 

For the most favorable configurations the landing conditions appear 
to be no worse than those for the reference airplane. Certain changes 
frcan these conditions, however, such as increasing the wing loading. 
Increasing the sweep, and Increasing tlie roughness^ make this picture 
appear less favorable. The effect of the high drag due to roughness 
on the basic wing, for example, is shown by the dashed cxxrve. Not 
only is the maximum lift decreased but '.;^he sinking speed in the high- 
lift range .is more than doubled. Split flaps, as pointed out earlier, 
give some increase in maximum lift, in this case enough to reduce the 
landing speed by 10 miles per hour. This is partially offset by an 
increase of about 5 feet per second In the sinking speed. Leading- 
edge flaps alone on account of their high drag ai the higher lift do 
not appear to i^ve any particular advantages. The combination of 
leading— and trailing-edge flaps, however, is quite effective in 
decreasing the landing speed provided that tlxe increases in the rate of 
descent or alternately the amount of power required for landing can 
be tolerated. 

The corresponding results for the biconvex wing (fig. I3) show that 
in general the higher drag of the biconvex sections will cause their 
rates of descent to be higher. In this case minor improvements only 
result from the deflection of split flaps alone; whereas deflecting 
the nose flaps greatly decreases the di*ag with some increase in the 
maximum lift. Deflecting the trailing-edge flaps in combination with 
the leading-edge flaps allows speeds almost as low as with conventional 
sections but with scmewhat higher rates of descent. On account of the 
generally higher x'ates of descent shown for these sections, power-off 
landings will be distinctly more hazardous than fox- the NACA 64-eerles 
section wing in flgijre 12. 

The problem of calculating the maximum lift of swept wings, as 
pointed out earlier, has thus far defied theoretical efforts. It la 
possible, however, to correlate some of the data tliat have been obtained 
on swept wings to gat a guide in estimating the maximum lift. In 
figure l4 experimental values of maximum lift divided by the maximum 
lift of the wing rotated back to zero sweep have been plotted against 
sweep angle A. A plot of coe^A is also shown for comparison. The 
data of McCormack and Stevens from the Ames 40— by 80— foot tunnel and 
of Anderson from some tests in the old Langley variable density tunnel 
(references 11 and 24) in which the sweep of tlie wing was varied 
systematically were particularly useful in forming this curve. Experi- 
mental values of for the 0° sweep conditions of the 42° swept 



wing tested in the Langley 19-foot pressure tunnel and of the 48 ° swept 
wing tested in the Langley full-scale tunnel were not available, and 
hence were calculated by the uethod of Sivells and Neely (reference 6) 
which has been shown to give excellent agreement for unflapped 'uaswept 
wings. The correlation curve shows a gradual decrease in maximiun _ 
lift that is only about one— half that indicated by the simple cos-A 
approximaticn. 

In conclusion the results of the investigations of maximum lift 
characteristics discussed herein can.be svuianarized as follows; 

Maximum lift coefficients of the order of I .3 to 1,6, depending 
upoii the aiigle of sweep, ixave been obtained with the, best combinations 
of split flaps and leading-edge devices investigated. The importance 
of the airfoil section has been shown to decrease as the sweep 
increases and as the thictoess, of the airfoil decreases, the character- 
istics of all sections tending to approach the characteristics of flat 
plates at high sweeps and low-aspect ratios. The drag Is shown to 
be of great Impoi’tance in determining the power-off rate of descent 
or alternately the amount of power required during the landing. 
Leading-edge high— lift devices of the types investigated are extremely 
effective in reducing the drag and improving the stability in the high- 
lift range for wings having biconvex or other thin airfoil sections and 
would thus be desirable for wings having -^hese sections. 
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By Norman F. Smj.th 

Langley Memorial Aeronautical laboratory 

For some years the NACA has had in operation a continuous 
research program on air inlets. The moat recent deyelopments and 
applications of the nose inlet work will be presented in this paper. 
First, however, some of the past work will be briefly reviewed 
because of its importance as backgroiuid. 

The' basis of much of the high-critical speed inlet work 
originated with the development of NACA cowl "C” and nose "B" ■ 
-(reference's 1 and 2 ). These two inlets wor^ derived on a basis 
similar to that for optimum critical speed airfoils; namely, a 
flat pressure distribution with no pressure peaks. It was found 
that although these two inlets were of greatly different propoartions 
and critical speeds, the basic ordinates were essentially identical. 
The ordinates were consequently applied to a large family of nose 
inlets which were tested at medium and hi ^ speeds to determine the 
effects of proportions. Tlie results were published (reference 3 ) 
in the form of design selection charts, a simplified version of 
which is shown in figure 1 . 

The selection procedure Is sho^m by the arrows,* starting at ' 
the bottimi with the desired value of mass flow coefficient and 
■proceeding vertically to the value of critical Mach number desired, 
the d/D or entrance diameter ratio is obtained. Continuing to 
the top of the chart, the X/D or length ratio is obtained. 
Application of the 1— series ordinates to those proportions yields 
a nose inlet of. the required characteristics. Sample selections are 
shown for three values of critical Mach number and show that the 
higher critical Mach numbers involve cowlings of greater length. 

These NACA 1— eerles charts are directly applicable to the 
design of open-nose inlets and were used in the design of the 
external lines of the I>-558 airplane installation. The charts are 
also applicable to the design of rotating cowlings, such as the 
NACA "E" cowling (reference 4). 

In addition, the applicability to the design of a protruding 
fuselage scoop has been demonstrated and reported in an NACA paper 
(reference 5 ). Recent tests of NACA 1— series cowlings with 
protruding propeller spimers (reference 6 ) have corroborated an 
analysis included in reference 3 ^7 showing that the effects of 
spinners of reasonable size are small and predictable, and that 
cowlings for.propeHer-drlven aiii’planea can be designed from 
NACA 1-aerlea data. ■ ' ^ 


Qlie spinner shape has "been found to have Important effects upon 
the flow into a cowling (reference 6), It is usually desirable to 
admit air at a low value of inlet velocity ratio, since external 
compression is accomplished at an efficiency of one-hundred percent, 
while internal ccmpression is accomplished at a somewhat lower value. 
At values of inlet velocity less than unity, an adverse pressure 
gradient exists into which the spinner . boundary layer must advance. 
This preasT;re gradient, coupled with the pressure field of the 
spinner, may be sufficient to separate the flow at a relatively high 
value of irJ-et velocity ratio, thus risking it ir^osslble to obtain 
stable inlet flow with low losses at low, values of inlet— velocity 
ratio. Pressure distributions’ measured without propeller on two 
shapes of spinners ahead of a 1— series cowling operating at a medium 
value of inlet— velocity ratio are shown in figixce 2, The curved 
spinner was designed using the 1-seriea inlet profile and is 
approximately elliptical in section. The conical spinner is a 
stral^t— sided cone ahead of the inlet. The spinner with the curved 
surface evinces a hl^er peak pressure and a consequently greater 
adverse pressm^e gradient ahead of the inlet than does the conical 
spinner. 

The effect of this gradient on spinner boundary layer is shown 
in the ri^t lislf of figure 2. As the ln3.et velocity ratio is 
decreased, an abrupt increase in boundary layer thickness, indicating 
separation, ■ occurs for both spinner shapes. The inlet velocity 
ratios for separation are of the order of 0.53 for "the curved spinner 
and approximately 0.12 lower, or O.Ul, for the conical. It is 
beli eved tha t the permissible value of inlet— velocity ratio can he 
still further lowered by modifying this conical spinner. If the 
cone angle is Increased, for example, the pressure gradient can be 
expected to fiirther diminish, thus permitting a lower value of 
inlet- velocity ratio to be obtained before separation occurs. 

With regard to the general effect of spliuiers on the critical 
speed of cowlings, an extension of work by Euden and Kucheman in 
Germany has provided an interesting analysis. The theory considers 
the average forces (obtained by Inte^ation of surface pressures) 
on the .cowling and spinner and states that the average force on the 
cowling plus the average force on the spinner, if present, is equal 
to the change of momentum of the air entering the cowling. 

Simultaneous solution of- equations for the conditions with and 
without a spinner gives the spinner force required for zero effect 
upon, the critical Mach number of the cowling. A plot of this 
spinner force or pressure against inlet— velocity ratio is shown in 
figure 3. Values above this line indicate a decreased critical Mach 
number due to the spinner. Yariations of. average spinner pressure 
with inlet-velocity ratio obtained by integrating measured pressure 
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distributions are shown for the conlc^ and curved spinners of- ■ 
reference 6. The intersection of the cur-ves shews the values of ■ 
inlet~velocity ratio b^low which the particular spinner can be 
used without affecting the cowling critical Mach number. This 
figure shows that the plain conical spinner can be used in the • 
low inlet— velocity ratio range where its use is desirable from the . 
standpoint , of boundary-layer separation. The curved splrmer 
should be used for medium values of inlet— velocity ratio, but its 
use, at least in the "short" condition, appears to be limited to 
values of the order of 0.6. 

The effect of using a conical spinner at too hi^ a value of 
inlet— velocity ratio Is ehOTm in the pressure distribution on the 
rl^t of figure 3* A peak is produced at the lip by the conical 
spinner, whereas the curved spinner has virtually no effect upon 
the flat ccwling pressure distribution at this value of 

The conical spinner shcwift.n figures 2 and 3 remains conical to 
the inlet, making the transition to axial aft of the inlet. It has 
been found from experimental data that the principal influence of 
the inlet extends to a' distance Ig to 2 times the inlet height 
ahead of the inlet for spinners of reasonable size. It therefore 
appeal’s probable that a curved surface might be used in this ■ 
region to bring the spinner surface axial at the entrance with 
little or no adverse effect upon the pressure gradient. The 
advantage of this la that a spinner of smaller maximum-diameter 
is obtained for given propeller hub clearances. Also, the more . 
axial flow at the entrance may have less tendency to produce 
pressure peaks at the cowling lip. 

The problem of designing air Inlets for transonic military 
airplames la- complicated by slr^ile military requirements such as 
good visibility downward and space in the nose of the airplane 
for aimament. These two requirements in some cases tend to rule 
out the nose inlet, which usually represents the optimum from the 
standpoint of pressure recovery at the inlet, and make necessary 
some sort of. fuselage side Inlet, with sufficient fuselage volume 
ahead of the Iruet to house the pilot and armament. The problem 
which exists in the design of any such configuration is that the 
fuselage ahead of the inlet must be shock— free in order to avoid 
shock-separated flow into the air intalce. This means that, for a 
transonic airplane, the flow velocities on the fuselage ahead of 
the inlet must be subatream. A theoretical ^tnaly8la showed that in 
order to obtain the required aubstream velocities, the fuselage 
forward of the inlet must be very nearly conical in shape. In 
figure 4 is shown such a configuration which has been tested at 
low speeds (reference ?)• It consists of an KACA 1— series cowling, 



an approximately conical nose, and two canopies whose sections are 
approximately wedge -shaped forward of the inlet. The low-epeed 
teats shewed that aubatream velocities are obtained ahead of the 
inlet on all, surfacea, thus indicating that shock— free flow can be 
obtained up to a liach number of 1,0. Above a Mach number of 1,0, a 
small shock, first unattached then conical, can be expected to 
compress the flow on the cone to subsonic up to fli^t Mach numbers 
of the order of 1.2. This configuration therefore appears to have 
characteristics which merit consideration for transonic military 
aircraft . 

In all of the foregoing material, the critical Mach number is 
defined in the usual fa^ihiMi; the Mach number at which sonic 
velocity is first attained at some point on the surface of the 
body. Numerous teats of airfoils, have indicated this criterion to 
be conservative by showing that clearance exists between critical 
Mach number and the Mach number at which significant changes occur 
in the aerodynamic forces. A similar clearance mi^t reasonably 
be expected in the case of three-dimensional bodies. The arnoimt of 
clearance available and the nature of the supercritical drag rise 
are of considerable interest with regard to transonic aircraft. 

A preliminary investigation now unden/ay at the 
Langley 8-foot high-speed tunnel has provided some Information on 
this subject. The results of the tests of one fiiselage shape are 
shown in figure 5* The body consists of an NfiCA 1—50—100 nose 
inlet one diameter in lengtl^ a cylindrical center section four 
diameters in length, and a tail section three diameters in length, 
making an overall fineness ratio of el^t. The model was supported 
by a sting at the tail, with provisions for ducting the internal 
flow throuc^ the sting. The drag of the model was measured by a 
wake survey rake located on the sting as shown in the figure. 

The drag curve for the body at a = 0° is shown In the lower 
left portion of figure 5* The measured critical Mach, number is 
about 0.8, very close to that predicted b 3 ’- low speed data and from 
the design chart shown previously. At a Mach number 0.05 to 0.07 
above the critical a alight drag rise appears, which continues to . 
Increase very slowly up to the hipest test Mach number, 0.93 
■vdiere the drag coefficient reaches a value 27 percent above the 
lowest value obtained. ■ 

Some explanation of the cause of this drag rise and the reason 
for its small magnitude is found by examination of the press^^re 
distributions and the wake profiles. 


Pressure distributions eire shovn for three Mach numbers: 

0,6, 0.8 (approximately the critical Mach number), and 0.93# the 
hipest Mach number obtained. For the last case, a large area of 
supersonic Teloclties is shovn to exist, followed by a shock of 
considerable pressure rise. The pressure recovery at oachMach 
number is, however, essentially identical over the cylindrical 
section and at the tail of the body, indicating that no significant 
separation has occurred. 

The wake profile (right half of fig. 5)# plotted as point drag 
coefficient against distance from the surface of the body, also 
shows no significant separation. Instead a moderate thickening of 
the boundary layer is shown to occur. A direct shock loss is also 
measured Just outside the boiffidary layer but is too small to be 
seen on the plot shown. . The contribution of this area to the total 
drag is therefore negligible. 

In conclusion,-: Data are available for the design of various 
types of nose inlets, including cowlings with propeller spinners. 
Also, a type of fuselage side inlet which appears useful through 
the transonic range has been developed. Tests of a nose inlet at 
supercritical speeds have shown that, as in. the case of airfoils, 
significant clearance exists between the critical Mach number and 
the Mach number at which a drag rise occurs. The moderate drag 
rise which occurs up to a Mach number of 0.93 is due to thickening 
of the boundary layer by the Increased adverse pressure gradient 
rather than to direct shock losses and shock-induced separation; 
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SUMMARY OF NACA SUBMERGED- INLET INVESTIGATIONS 
By Emmet A. Mossman 
Ames Aeronautical Laboratory 


On many existing and proposed airplanes the fuselage shape is 
assuming a greater importance » A dominant factor determining the 
shape of the fu!?elage for a pursulm-type turbojet airplane may be 
the ducting syst-em. The general fmdomental requirements to be 
satisfied by jet airplane ducting systems are high efficiency of the 
iTTipar.t. or ram pressure conversion a:id small external drag coefficient. 
The importance of ram recovery can be vis’Aalized by considering its 
effect on a typical pursuit-t^e airplane, powered by a jet engine and 
traveling 650 miles per hour at sea level. Analysis shows that for 
every 10 percent decrease in ram recovery at this speed the not thrust 
decreases 7 percent and the specific fuel consumption increases about 
5 percent. The resultant adverse effects on range, climb, and maximiun 
speed are quite large. 

Recognizing the need for a new type inlet ^Aich would combine the 
good qualities of the nose inlet with the short internal ducting of 
the external scoop, the National Advisory Committee for Aeronautics 
has developed what is loiown as a "submerged air inlet • This intake 
is shown in figinre 1 and the component parts are noted in this figure. 
The entrance is completely submerged below the contour of the fuselage 
or wall into which it is placed. The air travels doim an inclined 
surface, ■vjhich we have termed the ramp. Rfjmp angle is the angle of 
the inter eection of the ramp floor with the fuselage skin, ramp wall 
divergence is the divergence of the ramp side wall from the parallel, 
end width*- to- depth ratio is sliiply the ratio of the corresponding 
dimensions of -bhe inlet. This paper summarizes the results of research 
on NACA submerged ln3.ets in the 7~ "by 10-foot, the 40- by 80"foot, and 
the l6“foot hlgii-si;eed tunnel sections at the Amos Aeronautical 
Laborato;7- 

An entry with parallel ramp walls was the first to be investigated 
these tests having been conducted in a small wind channel. As expected 
the pressure recovery with this parallel-iTalled entry was not very good 
especially at the low mass -flow ratios . It was then reasoned that 
shaping the walls to- conform to the streamlines at some desired' mass 
flow ratio ml{^t result in better duct chai’acteristics . Such on entry 
with divergent ran^) walls ■vraa designed and tested. 

A comparison of the pressure recovery for this inlet with that 
for a parallel -T-railled Intalce is shotJn in figure 2, These data were 
obtained from a full-scale duct installation in the Ames 40- by 
80-foot tunnel'. The ordinate for these curves is ram-recovery ratio, 
which is the ratio of the ram pressure recovered to the ram pressure 
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available • This ratio was selected hecanse it is relatively constant 
for subsonic Mach numbers and is readily measurable. The abscissa 
is mass flow ratio, which in the incoiirpressible case is equivalent to 
inlet velocity ratio., Compariscm of the ram recoveries for the parallel- 
and divergent-walled intakes Indicates that a considerable increase 
results from the use of divergent walls at the low mass flow ratios 
both at the entrance and at the compressor. 

The principal cause of the lower ram recovery for an inlet wltt 
parallel walls, especially in the mass flow range less than 1.0, is 
the rapid growth of the boundary layer due to the adverse pressure 
gradient along the ramp. Swh is not the case for the inlet with 
divergent walls . Even thou^ the pressure gradient is no less adverse, 
surveys at the entrance show that the boimdary layer on the floor of 
the dlvergeht -walled inlet st^ts anew and remains relatively thin, 
despite the adverse gradient. This probably accounts for the diffei^nce 
in ram recovery at the low mass flow ratios betireen divergent and 
parallel-walled submerged inlets. The pressure losses with divergence 
have a different origin. The boundary layer on the fuselage skin, 
outside the ramp, is partially kept from flowing over the divergent 
ramp edges by two factors. The first of these is the pressure gradient 
over the rear 4o percent of the ramp, the pressures in this region 
being greater than those of the surface into which -Uie inlet is placed. 
The second factor is -that the outside boundary layer does not flow 
over the sharp edge of the raaip wall as easily as it does with the 
edge rounded. The cause for this is not ful3y understood. 

The pressure losses at the entrance for an NACA submerged inlet 
are concentrated in two symmetrical regions, as shoi-.n in figure 3. 

A ma,jor part of these pressure losses appears to originate from a 
turbulent mixing process set up by a change in the flow direction as 
indicated in this same figure. It is probable that some of the outside 
boundary layer is enmeshed and becomes a part of this disturbance. 

An extensive investigation has been made to determine the effect 
of modifications on submerged Inlets. Variations in ran^j angle, ramp- 
wall divergence, width- to -depth ratio, ramp-floor shape, and boundary- 
layer thickness have been tested. Eesults are given in reference 1. 

An evaluation of these data indicates that satisfactory duct character- 
istics may be obtained for a range of the test variables. It appears 
that an optimum design of these Inlets should en^loy curved diverging 
ramp walls, a ramp angle betvreen 5° and 7°, and a ■sd.dth-to-depth ratio 
of from 3 to 5* T’rom meastired lip and ramp pressures, hi^ critical 
speeds were estimated. 

The drag attributable to this type of inlet is shown in figure 4- 

as a function of mass flow ratio. These data were obtained on a.— -scale 

.5 

typical duct installation on a filter airplane. The drag coefficients 
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are ‘based on wing area. For an airplane losing a 24c Jet engine and 
operating at a high-speed design mass flow ratio of 0.6o, there is 
no Incremental change in airplane due to the duct inst^lation. 

In order to check the validity of the small scale measurements, 
models identical except for scale were designed and tested in "both 
the Ames 7- by 10-foot and the Ames 4o-by 80-foot tunnels. The 

agreement between the i-scale and full-scsle tests is shown in figure 5» 

5 

The duct location used in this Investigation is noted in the figure. 

These data show excellent agreezosnt between 'the two tests and indicate 
that with proper design hl^ ram recoveries are attainable on. fxiU- 
scale installations'. (Reynolds n'umber based on duct depth.) It might 
be added further that the variation of ram recovery ratio with mgle ■ 
of attack was sllglit for ‘these and other installations . 

One especially impor'tant aspect of this study concerned the 
effects of high-speed flight on the operation of this type duct. Tests 

of a duct ins'tallatlon on a ^-scale model of a fii<^ter airplane have 

been made in the Ames l6-foot high-speed' tunnel. The results of these 
tests illustrate the effect of Mach number and of ..the location of the 
inlet on "the fuselage. The effect of Mach number is shown in figure 6, 
for constant mass flow ratios. The recovery remains essentially the 
same for •the entire Mach n\miber range of the tests (from 0.3 to a 
maximm of 0 .875) . It has not yet been determined how hi^ a Mach 
number can be at'tained •while still maln'tainlng 'the high pressure recovery 
In figure 7 it may be seen -that at a Mach number of O.875 the critical 
pressure coefficient was J'ust reached along "the front of the ramp floor. 
A shock disturbance woiild probably first occur in -this hl^ velocity 
region •^dien the free-stream Mach number became some'vhat greater 
than 0.875* l"t may be seen "that ‘this region extends only over a small 
portion of •the duct -width; -the flow outside of the ramp on "the fuselage 
skin being still subsonic * Becatise the disturbance takes place over 
a smaller duct ■wld'fch, it mi{^t "then be indicated "that ■the pressure 
recovery would decrease less severly for a divergent-walled entry than 
for a parallel-walled one, once -the airplane speed was increased 
enough so that a shock wave formed along the ramp* 


Given in figure 8 are -the four inlet locations on the fuselage 
of the i-Bcale model, in percent of the root chord forward or rearward 


of -the wing leading edge. It may be seen that the recovery decreases 
subtly as the inlet is moved rear-irard. This was espected since "the 
boundary- layer -thickness Increases in -this direction. Even thou^ -the 
decrease in ram recovery ratio may not be considered prohibitive, caution 



should he ejcercised in moving the Inlet rearward. Primary consideration 
should he given the flov field Into which the inlet is placed. At the 
farthest rear position (5S.4 percent root chord) the flow along the 
basic fuselage hecame sonic at about the same time as the flow on the 
wing. When the duct was located at this position, the pressure recovery 
began to decrease when the Mach number exceeded ,0 «8o. This drop became 
much more marked at moderate angles of attack, the flow on the side 
of the fuselage abruptly separating due apparently to the position and . 
Intensity of the shock wave on the wing. 

\ 

In conclxision, NACA submerged Inlets may be designed to obtain 
high ram recovery at a low resultant drag. Hi(di"speed tests on a 

^-scale model showed that for this Installation the ram recovery 

remained essentially constant up to a Mach number of O.875. 
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Figure L- Schematic view of an NACA submerged inlet installation. 



Figure 2.- Comparison of the ram recovery ratio for divergent- and 
parallel -walled submerged inlets. Full-scale duct installation. 



Fig^lre 3.- Ram -recovery -ratio contours at the entrance of an NACA 

submerged duct installation. 
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Figure 4 . - Incremental change in airplane drag coefficient due to an 

NACA submerged duct installation. ^ - scale model of a fighter 
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airplane. 
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Figiire 5.- Entrance ram recovery ratio for comparison of i -scale 
and full-scale NACA submerged duct installations. 
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Figure 6.- Effect of Mach number on the ram recovery ratio at the 
entrance for a -scale NACA submerged inlet installation. 
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INVESTIGATION OF SIDE INIETS AT SUPEESONIC SPEEDS 
By Wallace F. Davia 
Ames Aeronautical Laboratoa^r 


Althou^ a very hl^ diffusion efficiency can be attained at 
sulporsonic speeds by nose inlets such as those dlscuseed in reference 1, 
practical design considerations often malce side inlets more desirable. 
For this reason, tests are being perf dimed at supersonic speeds upon 
inlets that are situated in a region of appreciable boundary layer. 
Preliminary testa have shovn that the presence of the boundary layer 
can cause a relatively poor recovery of total pressure because the 
severe adverse pressure gradient produced by a rapid deceleration of 
. the flow at high speeds causes the boundary layer to thicken and 
separate. The results of the separation are a fluctuating flow 
through the Intake and a m^imuioi total-pressure ratio after diffusion 
that is limited to about two-thirds of that occurlng across a normal 
shook wave at the same Mach number, (See reference 2.) 

To Improve the pressure recovery attainable throu^ a side Inilet, 
the severity of the compression inside the duct must be reduced, the 
amount of low-energy air of the boundaiy layer that enters the inlet 
must be diminished, or both factors must be reduced slmviltaneously. 

These considerations have been used in the design of side inlets for 
tests in the Ames 8- by 3-inch supersonic turinel. Both annular 
and twin-scoop inlets are being investigated because applications 
for the- two types may be found in the design of high-speed aircraft. 

, The tests are being performed at Mach nvmbers between 1,36 and 2.01 
and at Eeynolds numbers, based upon the length of the body ahead of 
the intake, of between 2,23 and 3*09 million. Only measurements of 
the pressure recovery attainable after diffusion with the various 
inlet design at an angle of attack of 0° have been made at the present 
time, Angle-of-attack and comparative-drag studies together with tests 
at subsonic speeds axe to be perfoimed in the future. 


ANNUIAE INIISTS 


Three methods for improving the total-pressure recovery attainable 
after, diffusion through an annular inlet ai’e being investigated. The 
first method is to reduce the inlet Mach number and thus the adverse 
pressure gradient that is imposed upon the boundary layer inside the 
duct by deflecting the stream ahead of the inlet to create an oblique 
shock wave, A photograph of a, model is shown in figure 1. The 
outside diameter of the inlet is about one inch, and the inlet area 


is atout one-third of the frontal area at the station of the duct 
entrance. The length of the forehodj/ is five times the diameter of 
the cyllndirlcal section ahead of the ramp. The ramp angle that 
deflects the flow is increased to increase' the intensity of the 
ohliq.ue shock wave by reducing the length of the ramp while the height 
remains the same. 

The second and third methods for Improving the recovery both 
deduce the amount of low-energy air that flows throu^i the inlet. 
Drawings of tlie models that have been tested are shown in figure 2 } 
these models are of the same general size and slmipe as the ramp 
model. With the model of figure 2(a), the bouitidary layer is drawn 
from the surface of the forebody tlirough an a\ixillary scoop at the 
station of the duct entrance by vacuum pumps located outside the ■vrt.nd 
tunnel. With the model of figure 2(b), energy ia added to ccmpensate 
for the energy decrement in the boundary layer by ejecting high- 
velocity air along the surface of the forebody upstream of the duct 
entrance. This Jet is supplied by an air bottle fran outside the 
wind tunnel, and the air is expelled ,througla an annular nozzle that 
is designed to eject the air at a Mach number of 2,2. The width of 
the nozzle throat is 0,0045 inch and that- of the oi.itlet is 
0,009 inch. 

The results of tests upon these three models are shown in figure 3, 
in which the maximum total-pressure recovery after diffusion through 
the annular inlets is plotted against the liach number of the free 
stream. The results are compared with the total-pressure ratio of a 
nomnal shock wave, with that of a model having no ramp or boundary- 
layer control, and also with that attainable with the nose inlets 
described in reference 1. . 

The model that utilizes an oblique shock wave to reduce the 
inlet Mach number was tested with ramp angles of 5°, 10°, 15°, 
and 17.5°» Throughout the Mach number range of the tests, the 
recoveiy of total pressure increases with ramp angle up to an angle 
of 15°, at which value the maximum total-pressure ratio is still 
relatively low, about three-quarters of the recovery through a nomnal 
shock wave. 

With a suction slot thi'ox^gh which 12 percent of the me.ss of air 
flowing through the inlet is drawn, the maximum total-pressure ratio 
attained at a Mach number of 1,36 Is 8l percent and at a Mach number 
of 2,01, the recovery is 44 percent. Calculations based upon the 
available theory indicate that the amount of air in the boundary- 
layer should be no more than 4 percent of that flowing through the’ 
inlet,. The reason that the pressure recovery is not greater if more 
than this mass of air is removed is not understood and is- being 
Investiga-ted at the present time. 
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When high-presGure air is ejected at a Mach number of 2.2 to 
ocanpensate for the ener,^ decrement in the boundary layer, the 
apparent recovery is relatively high at the low supersonic Mach 
numbers; but, as the Mach number of the free stream approaches that 
of the ejected air, the improvement in the total— pressure ratio 
decreases. The "apparent” recovery indicates the total pressure 
that would exist at the face of the compressor of . a tiirbo— Jet engine. 
However, since the engine would have to supply the high-pressure air 
to the nozzle, the effective recovery, as fax’ as the overall pro- 
pulsive system is concerned, is considerably less. If the total— 
pressux’e and mass— flow ratios attained diiring the tests are assumed to 
occur in a hypothetical engine operating in the isothermal atmosphere, 
the greatest effective pressure recovery occurs when Ih percent of the 
air flowing through the inlet is recirculated. The effective recovery 
would then be 7^ percent at a Mach number of I .36 and percent, at 
2,01; in other words, it is about 15 percent less than the apparent 
recovery. It is to be expected that scale has an appreciable effect 
upon these results because the process is largely dependent upon 
viscous forces. Tests at a larger scale will probably shew greater 
effective total— pressure ratios. 


TWUr-SCOOP INLETS 


An entry, such as a twin-scoop' inlet, that does not completely 
encircle the fuselage does not recleve all; of the boundary layer 
resulting from the flow over the forebody and, ther’afore, has an 
initial advantarrtage over an annular entrance. It is to be expected 
that greater effective totah-pressure ratios can be attained than 
with an- annu3.ar inlet and that, for the same entrance area, the . 
greatest pressure recovery will be attained by the inlet tliat encloses 
the smallest poi’tion of the cix-cumference of the forebodj’. 

Photographs of the two twin-scoop models that have been tested 
are shown in figure 4. The shape of the fox’ebody, the entrance area, 
and. the expansion ratio of the subsonic dlffusor are the same as those 
of the models having annular entrances. The scoops of the model 
shown ifx figure 4(a) ei^ lose 37 . 2 ^ percent of , the riaximum oii’cumference 
of the forebody, and t^^ heigjit o’f one scoop' is 75 percent of the 
width. The inlet of figure 4(b) encloses 6 I .5 pex-cent of the clrcujtt- 
fex’ential length, and the hei{^t is 28 percent of the width. In 
order to reduce the inlet Mach number, ramps were tested as with the 
models having annular entrances, A ramp may have an additional 
advantageous effect with a twin-ecoop model because of the three- 
dimensional nature of the flow about the scoops, A compression over 
the surface of the ramp may cause a cross— flow that will tend to make 
the boundary layer flow aa-ound the inlet. 


The only method for controlling the homidary layer flowing into 
the scoops that has as yet "been tested is to paas the houndaiy layer 
out of the suhsonic dlffusor through slots out along the sides of the 
duct next to the central 'body, A photograph of the arrangement is 
shown in figure 5» Slots of various widths and lengths have been 
tested with the models having the two different scoop shapes. 

The results of the tests upon these twin-scoop models are 
summarized in figure 6 in which the maximum total— pressure ratio 
attained after diffusion is plotted against the free-stream Mach 
number. The reduction in the amount of boundary-layer air flowing 
through the inlet that results frcm the use of twln-scoops causes an 
Impinvement in the total-pressure ratio that is about the same as the 
improvement produced by the addition of a 5° romp to the annular 
intake. The difference in the recovery attained by the inlet that 
encloses 61,5 percent of the circumferential length of the forebody and 
that attained by the model enclosing 37*2 percent of the cii’cvimference 
is less than 3 percent. The addition of a ramp improves the pressure 
recovery of both inlets. The maximum recovery withthe 6l.5-percent 
entry occurs with a ramp angle of about 5°j with the 37* 2-percent 
entry the optimum romp angle is about 10*^. If slots are cut along 
the sides of the duct, the pptimum ramp angle increases. The effective- 
ness of the slot increases with romp angle; at angles less than 5° 
the slots cause no improvement. With the 61.5 percent entry having a 
slot whose depth is 50 percent of the height of a scoop and whose 
len^h is 6 percent of the length of the subsonic dlffusor, the optimum 
ramp angle is 12® and the total— pressure ratio is about 88 percent of 
that occurring across a normal shock wave. The 37 •2-percent entry 
having the same ramp and slots of "the, same dimensions produces a total- 
pressure ratio that is about 8-percent greater at a Jfech number of 
1,36 and the same at a Mach number of 2.01, If the length of the 
slots of this model is increased to 9 percent of the length of the 
subsonic diffusor, the total— pressure ratio attained is practically 
equal to that of a normal shock wave at Mach numbers between 1.36 
and 1,70. The recovery after diffusion is 96 pei'c.ent at a Mach 
number of 1,36, or it is equal to that of the Ferri— type nose inlet. 
Although this high recovery is obtained at the expense of external 
drag, the Increeiae in the drag force may be small in comparison to 
the Improvement jin ^he total-pressure recovery. If so, the inlet 
‘will be satisfactory for aircraft flying at low supersonic Mach 
numbers. The pressure recovery d ecre as e s a small ampunt in relation 
to that through a normal shock wave for Mach numbers above 1,70. At 
a Mach number of 2,01 the recovery attained by tills model is 9^ percent 
of normal-shock recovery. 
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KA.CELLES FOE HIGH CETTICAL STEEDS ON. 

- . STEAIGHT AND SWEPT WINGS .. 

By EoTsert E. Dannenberg 
Ames Aorcnautical Laboratory 

. • , 'v' ; 

The development of a large high-speed airp].ane utilizing Jet 
engines normally req,uires that the engines be enclosed in nacelles 
attached to the wing. In order to achieve high fll^t velocities, 
it is necessary to design the nacelle so that not only is the air 
ducted to the Jet engine in an efficient manner but also so that the 
air flow over the nacelle does not detrimentally affect the high-speed 
drag characteristics of the airplane. The combination of tlM wing 
and nacelle give rise to interference effects (particularly on ’^e 
drag and critical speed of the wing— nacelle combination) that t^ire 
controlled through the design of the nacelle contour and. its posit icn. 
on the wing'. 

• The langley Laboratory has recently made high-speed wind-tunnel 
measurements on the interference effects of nacelles on strai^t wings 
(reference l). As shown in f igiare 1, the simulated nacelle for these 
test's, an KACA 111 body of fineness ratio 6, was mounted in- various 
vertical' positions on a two-dimensional straight wing having an . 

NACA 65-210 section. This figure shows the effects of the vertical 
position of the nacelle located 66-percent-chord length ahead of the 
wing, as shown by the corresponding lines, on the nacelle drag coef- 
ficient based on the frontal area as a function of Lfech number M. 

In the underslung position (shown by the solid— line curves), the drag 
Increment at the maximum available test ^^ch number of O.7 Indicated 
a smaller tendency to increase at an angle of attack a of 0 than 
in the' other positions. At an angle of attack of 2.5°^ the underslung- 
nacelle drag variation was similar to that of the plain wing, whereas 
tlie positions above the wing shoved large drag rises. The fact that 
these interference drags arise from the Increased velocities provided 
b-y the nacelle over the midchord section of the wing is confirmed by 
the presswe-dlstributlon studies. 

At "an angle of attack of 0®, the peak suction pressures of the 
nacelles are located near the midchord section of the wing. For the 
nacelle in the underslung position, these pressures combine with the 
lower surface pressures of the wing. The pressures over the upper 
surface, remained, essentially the .saiae as over the undisturbed wing. 
Ealslng the nacelles from the low position increased the velocities 
over the wing adjacent to the naceilos and resulted in a decreased 
Mach number at which the severe drag rises occurred. This effect is 
even more pronounced at higher angles of attack. 
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Figure 2 shows the Influence of horizontal position on the drag 
characteristics of the underslung nacelle . Although little drag 
variation was noted at an angle of attack of 0° up to the maximum 
test Mach nmher, the drag coefficients decreased with forward 
nacelle location at an angle of attack of 2.5°. Little change was 
noted on the wing pressures from varying the nacelle position horl— 
zontaHy; however, the forward position restxlted in an appreciable 
loss in lift of t^ wing-nacel3.e combination. Giving the nacelle 
(shown by the solid— line curve) either positive or negative incidence 
reduced the Mach number at which the drag rise occurred. 

The Aines Laboratory has made wind-tunnel studies of the inter- 
ference effects of a nacelle with internal air flow as shown in 
figure 3* This research covered nacelle types for conventional-wing 
high-speed bombers, powered with four Jet engines housed either in 
two dml— unit nacelles, which also enclose the landing wheel, or in 
four single— unit nacelles. Tests were made for the nacelles under- 
slung bei:eath the wing and for nacelles centrally located on the wing. 
Figure h shows the internal arrangement of the dual— luiit nacelles. 

The Jet engines were placed well forward on the wing to aid in 
providing proper balance to the airplane. Betractlng the landing 
wheel into a forward position of the mcalle allowed the cusj)— type 
afterbody to taper more gradually and kept the frontal and surface 
areas as small as possible. The forebody shape ahead of the wing 
was designed to have no localized velocity peaks over the lips. The 
general body lines were selected to give constant cross-sectional 
area for the central portion of the nacelle to minimize the additional 
interference velocities produced by the nacelle in the region of the 
wing. 

The dual-unit nacelles as shown in figure 4 and. the single— unit 
nacelles were, developed in a low— speed wind-tunnel investigation on 

a scale model (reference 2). The nacelles showed desirable aero- 
dynamic characteristics. Satisfactory internal pressure recoveries 
were obtained. The drag of each nacelle based on the frontal area 
was approximately 0,05. Negligible adverse interference effects on 
the maximum lift and pltching-momsnt characteristics were experienced, 
.Locat.lng the ^.nacelle underslunig„beneath, the wlpg resulted in a alight 
increase of the angle of zero lift. The predicted critical con^reBsl— 
bility speed for the combination of the wing eind each nacelle above 
Etn inlet^velbcity ratio of 0.5 was above that of the plain wing except 
in the wing-nacelle Juncture. 

The high-speed characteristics of the dual— unit nacelles were 
obtained with a model, of the wing, fuselage, and two 

nacelles (references 3 £®d h). The external- drag coefficient of 
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the xttiderslung and, central dual nacelles,: based on. the front^ area. 
Were 0.,06 and 0.044, respectively, at . zero lift and at a Mach, number 
of 0 . 74 . The variation in pitching moment and angle of attack for 
zero lift with Mach number was slight up to drag divergence. 

Pressure studies at high speeds showed satisfactory distribution 
over the nacelle except in the wlng-Hoacelle Juncture . This wa.3 similar 
to the results predicted ’ from the low-speed tesfcs. Normally, the 
critical Mach numbers are compared as an indication of whether the 
Mach number for drag divergence of the wing-nacelle combination la 
equal or below that of the plain wing. Figure 5 ehows the predicted 
critical Mach number as a function of the ang].e of attack: a 

; of the various sections of the duel underslung nacelle. The critical 

' Mach number of the upper center . line, the lip section, the half- 
breadth, as well as the , upper and lower Junctiires, are presented 
Inasmuch as they are representative of the type encountered with an 
underslung nacelle. The lower wlngHtiacelle Juncture, although 
filleted, was critical over a small angle range (fig. 5)» These 
predicted critical Mach numbers were based on the peak suction 
pressures occurring at the Juncture leading edge. Basing the . 
predicted Mach number on the Juncture pressure at the midchord 
section would result in a value above that of the wing. Centrally’ 
located nacelles exhibit similar characteristics except that the 
critical pressures usually occur in the upper-surface Jmicture at 
tto' maximum thickness of the wing. 

. The high— speed drag characteristics of the dual nacelles aire 
presented in figure 6. In this figure the drag coefficient of 

the wing and fuselage with two nacelles are presented as a function 
of Mach, ntimber ,M and ere shown by the corresponding lines for lift 
coefficient . of 0 and 0 . 2 . The presence of either type nacelle 
had no appreciably effect on the Mach number of drag divergence 
ccjupared. to the basic wing-fuselage combination, other than to steepen 
the rise of the drag curves after the divergence Mach number was 
reached. It Is interesting to note that the predicted Mach number 
as set by the leading-edge— Juncture pressures was well below that 
obtained by actual test. This would indicate tliat a predicted 
critical Mach number, based on the very localized suctlou pressure 
occurring in .a wlrig-iiacelle Juncture, is evidently quite conservative. 
Extensive pressure surveys made in the wing— fuselage Juncture revealed 
that the critical pressures were contained in a very arnall region 
adjacent to the nacelle , that extended but chord length along 

the span. Outboard of this region the pressiures were satisfactory. 

■ . When the problem of nacelle design on a sveptback wing is 
considered, it is desired that the ihtex’ference affects resulting 
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from the addition of the nacelles on the svept vlng vlll not reduce 
the divergence 1-Iach number. Any reduction vill tend to ntillify the 
advantages gained throiigh the use of sveepbaolc. 

Before proceeding vith the problem of the design of an air-flow 
n^elle, -it was necessary to obtain Infoimation relative to the 
interference effects of a Jet nacelle body on a sweptbach wing. 

For this purpose, a nacelle was mounted at various positions along 
the 31-pQj^’c©iit semi span station of a sweptback wing as sho^m in 
figure 7, The nacelle was simulated by a pi’olate ellipsoid of 
fineness ratio. 5 mounted on an NACA 6^512 wing swept 35°* 

■ The nacelles were investigated at low speed at the central 
locations shown in flgi^re ^t (l) a forward position ii-0-percen-t>-chord 
length ahead of the wing leading edge, (2) a leading-edge position 
coincident with the wing' leading edge, and (3) an aft position 
coincident with the ^O-percent wing-chord line. The nacelle was 
also mounted in an underslung position UO-percent-choixL length 
ahead of the wing leeiding edge and on a strut below the wing as It 
was believed that such a position may be necessarj’' ' to reduce the 
interference effects. The nacelle was located ahead and coincident 
With the wing leading edge on different length stnits. 

The experimental results of the low-speed investigation 
(reference 5) showed that the nacelle in the above locations had 
negligible effect on the maximum lift and pitching-moment character- 
istics, Locating the nacelle beneath the wing and on the struts 
slightly increased the angle of zero lift. The external-drag coef- 
ficient based on the frontal area was approximately O.O5, Practically 
the only effect of the nacelle position was on the pressure distri- 
bution. All the wlng-^nounted nacelles produced a velocity distri- 
bution over the center lines which were leas than the maximum 
velocities over the basic swept wing. The lowest velocity distri- 
bution was obtained over the center line of the nacelle having 
the minimum pressure point farthest aft of the minimum pressure 
point of the wing (that is, the nacelle in the aft position). The 
application of a wlng-leadlng-edge entrance with such a nacelle 
position is indicated. 

The' pressure distribution along 'the ihboarii w'ih^haceile 
Juncture varied with nacelle location. With the nacelle in the 
forward position, the peak suction pressures at the Jucture leading 
edge were well above those of the wing. In the leading-edge position, 
the pressures were generally of the same magnitude as the pressures 
along the midchord of the wing. Locating the nacelle in the aft 
position reduced the Juncture pressures .well below those of the wing. 



The pressure distrlhutlon along the outboard Juncttar^e vere satis- 
factory for all nacelle positions, ■ 

The pressure distribution over the nacelle mounted on the strut 
of lengths 20-percent and 30 -pei'cent chord below the wing were satis— 
fewtoryj however, the strut Jiacctures at the naceU.e and particularly 
at the wing showed the formation of high localized velocities over 
the inboard surf see . These high velocities were due in part to the 
suction pressures of the strut and lor/er wing surface being coincident 
at the Bar© chordwise station. Undoubtedly these velocities could be 
reduced by changing the location of the strut peaJc pressure with 
respect to tliat pf the wing. 

The Langley Laboratory (reference 6) investigated the effect of 
a central nacelle located ahead of the leading edge of a sweptbaclc 
wingwhare the angle of sweep A is eq,ual to 45° as shown, in figure 8. 
Up to the msocimum available test Mach number of 0.6l, the addition 
of the nacelle had but little effect on the lift, drag, and moment 
characteristics. The pressure-coefficient contours over the upper 
surface of the wing and nacelle are shown in flgiire 8 for a Mach nuinber 
of 0,6l'and a lift coefficient of 0 . 20 . The pressures over the nacelle 
are less than those oyer the mldchprd section of the basic wing except 
for a very small region at the ..inboard -Juncture leading edge. A 
possible detrimental Interference effect due to the nacelle is the 
shifting of the constant pressure lines along .tlie plain wing from a 
position parallel. to tlie wing leading edge to one normal to the flight 
path. Further research at high speeds is necessary to evaluate this 
effect on the drag characteristics. SJmli.ar results were obtai^d 
with the same nacelle location but with the wing errept forward 45°, ■■ 
except that the leading-edge peak suction pressures shifted to the 
outboard Juncture . 

In summary, the design of a high— critical-speed wing-nacelle 
combination is primarily dependent on the location of the nacelle 
such that the peak suction pressures of the nacelle and wing do not 
coincide at the same chordwise position or unite in an area that is 
largely Influenced by the lift additional of the wing. The low— speed 
or basic drag of the combination depends upon the contours of the 
nacelle and its location cai the wing. It is greatest when the wing- 
nacelle components Intersect in such a way that regions of adverse 
pressure gradients face each other upon their surfaces. Early drag 
rises resulted for a wing-nacelle combination on a straight wing in 
which the pressures coincide in the midchord section of the wing, 
particularly with the nacelle in a central position. Satisfactory 
.drag characteristics were obtained for the nacelle design in which 
the peak suction pressures were located behind those of the wing. 
Highspeed drag results showed that ths localized peak suction 



pressures at the leading edge of the 'wlng-nacelle Juncture on a 
conventional wing did not contribute to a reduction in the critical 
speed of the combination. 
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Figure 5.- Critical Mach number characteristics of the underslung 
nacelle at an inlet-velocity ratio of 0.8. 
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Figxire 6.- High-speed drag characteristics of the wing and fuselage 

with two dual nacelles. 
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Figure 7.- Nacelle body locations on a 35° sweptback wing. 



Figure 8. 


Pressure -coefficient contours of a centrally located 
nacelle on a 45° sweptback wing. 









PROPELIM^S AT HIGH SPEEDS 
By Exigene C . Draley 

Langley Memorial Aeronautical Laboratory 


The first NACA high forward-speed propeller tests were ^con- 
ducted during' the recent war period. The purpose of these high- 
speed propeller tests was to study the factors affecting tiie pro- 
peller perfoimtance at high speeds and, to obtain information 
permitting the design of propellers having high peiforaance at high 
forward speeds. The purpose of this paper is to present the more 
recent results obtained in this program. Studies have been made of 
air flow phencanena at low speeds, which are therefore not included 
in this paper, of some of the basic factors which affect high-speed 
propeller performance. These studies cover research on propeller 
pitch distribution (reference 1), propeller design and performance 
(references 2, 3, and 4), dual-rotation propellers (references 5 
and 6), and the field of flow around air inlet cowling^ and pro- 
peller spinners (reference 7). 

The results of the tests of the NACA !4-508-03 propeller in the 
Langley 8-foot high-speed tunnel are presented in figure 1 which 
shows the status of the high-speed research program on propellers . 

In the upper part of this figure is a plot of maximum efficiency 
against forward ftoch number. The design, numerals, represent, in 
order of presentation, the propeller diameter, the design camber In 
terms of design lift coefficient at the 0.7 blade— radius station, 
the thickness' ratio at the 0.7 blade— radius station, and the 
solidity per blade. These test results were obtained for a blade- 
angle setting of 60°. For purposes of comparison there are 
Included in this figure the efficiency characteristics of propellers 
currently in use at the time the high-speed propeller program was 
Initiated. Also Included, fca* purposes of ccmparison, is the 
variation in Ideal Jet— propulsion efficiency based upon typical 
values of the thnist per unit area currently used in Jet engines. 
Ccanparison between the previous propeller efficisncy and the 
NACA high-speed propeller efficiency indicates the gains made In the 
early phase of the research program. It should be noted that the levels 
of efficiency for. the NACA propeller .at low speeds is unusually high, 
well' in excess ’of 90 percent. The results 'indicate that propellers with 
relatively high levels of efficiency could be designed for speeds 
as high as 5OO miles per hour. These high levels arc the result 
of using optlm\m NACA l6~series propeller airfoils with very thin 
sdctlona, of eliminating the thick s2iank sections of propellers, 
and of designing the propeller to operate with ideal Betz loadings 
by Biethods outlined in references 8 and 9.* Gcmparison of this . 
efficiency with the efficiency of typical previous propellers indi- 
cates. the gains in propeller performance thus obtained by improved 

Preceding page blank 



design. The onset of compressllylllty effects was delayed hy about 
100 miles per hour in forward speed. 

The early phase of this research program was limited in forward 
Mach number to approximately O.7 (approximately 5OO miles per hour) 
and this limit is indicated by the cross-hatched region in figure 1 . 

A recent phase of this work has included the extenaio’n in the 
Langley 8 -fopt highr-speed tunnel of this study to higher foiward 
speeds in excess of 90 percent of the speed of sound. The' part of 
the cuTTe to the right of the cross-hatched region represents the 
results of these teats (reference lb). - The purpose of the testa 
was to obtain data at extr^oely high forward speeds and increased ’ 
power loadings for a study of the phenomena in this speed range 
and thus to define for modern propellers the maximum efficiency 
characteristics and to obtain Indications of possible further 
imprpyement in propeller performance. 

. The test results show that, at forward Mach numbers In the 
order of 70 percent of the speed of sound, very large serious: . . 
adverse effects of ccmpresslbility occur so that efficiency levels 
of the order of 50 percent to 55 percent are reached at forward Mach 
nun* ere of 85 percent of the speed of sound. Thus, for the first 
tjme, a, comparlsoji Is obtained which, defines the range of forward 
speeds in which propellers arP more efficient than ^et engines and 
the range of speeds In which Jet engines, are more efficient than ; 
propellers. It should be noted, however, that this comparison 
between the ideal Jet efficiency and the propeller efficiency is 
subject to changes, as illustrated by the fact that large Improve- 
ment, over the previous propeller characteristics has already beon 
obtained. . . . 

The second part of figure 1 Is a plot of the power coefficient 
corresponding to the maximum efficiency curve for the two— blade’ 

NACA propeller shown In the upper part of thb figure. Of Interest 
here is the fact that the effects of ccmpresslbility on the power 
coefflcien-t corresponding to maximum efficiency does not lead to 
very serious and abioipt reductions in the Valiie of this power coef- 
ficient, which reduction will be shown later to occior at lower 
settings of the blade angle. As a matter of fact, at the maximum 
speed shown there la a tendency tcward further Increases in this • 
power coefficient. Tests made at higher speeds where maximum effi- 
ciency .was not obtained indicated moreover that a -6 these higher, 
speeds further rapid increases in the power coefficient can be 
expected.. Predictions based' on low— speed ihforniation of the power 
coefficient for .maximum efficiency for. the high* advance-diameter ■■ 
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ratios (approximately 4) associated with ‘bls'^Q of 0° are 

thus .Indicated to uiidereetimate’ the, hlg^^peed ^a of the power 


coefficient. 



The lower part of figure' 1 lllustra.tea .seme of the . reasons for 
, the aforementioned changes. It is a plot 'of the radial distribution 
of thry.st along the blade radl'ui& measured by momentum surveys.. At 
low spee.ds . the distribution of thrust very closely approaches the 
ideal, loading for which the propeller was designed,. As the forward 
speed is increased, however, effects of compressibility lead to loss 
in thrust, first at the tip, and, with further increase.s in speed, 
these losses, progressively move toward the root, section of the pro- 
peller. This type of phencmenon has been illustrated before 'at 
' lower advance-diameter'ratlos (references 11 and 12 )'. As this loss 
progressively moves inboard, however, another phenomenon begins to 
occur at the tip at these high blade angles and results in increased 
tip loads*; This increase of load at the tip compensates for the 
- , loss in l^d at the inboard sections. Indications of this ', effect:. 

-i have a lad 'been found in flight (reference I3). - I 

The increased load at the tip sections of the propeller is 
believed to be. associated with the second force-break .cl^afpcteristic 
shown to occur for wings and. airfoils in the transonic-speed' liai^a' , 
where,. in plots of wing lift coefficient for constant angles of.^l. 
attack against Mach number, there is an abrupt rise in the 'lif't/’ • 
values following the well— loiown loss in lift characteristics 
.(reference 14), 

.The resultant section Mach number has been calculated for a 
large number of these measured thrust distributions for the points 
alo.ng the blade radius where the loss in thrust between the low- 
speed thrust value and the value at any high speed is the maximum. 
The resultant Mach number for all cases tends to scatter closely 
around a value of the resultant section Mach number of 0.9* : . • 


It is believed that, with such thrust distributions as were . 
measured for forward Mach nxanbers of O.85, the aforementioned .‘losses | 
in efficiency for these speeds may Include a large cemponent of i 

Induced -loss because of the departure fr.caa the ideal , loading (as Indl— , 
cated- by .a. ocmparis.on, of the,.low-spee<l and ,jji,e. highT^peed thrust. .. | 

distributions). Modification of pltjCh disirtbuiion, .'for example, to ! 
provide a closer approach . to .the ideal type of loa.d distribution 
may offer considerable lmprovei^ni,'.ln ,the , effi.cienci^^ shown. . 


CalcuiaLtions have fur,ther indfe^ large ^jE>art of the. 

induced losses whlch.may occur 'df , these , high^ speeds and high 

adyance-4iameter ratios can be' eitpeebed to i)e associated with induced 
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rotational lossea. Thus the use of dual— rotational propellers which 
theoretically' at least elJjninate the rotational losses are indicated 
to offer improvements in propeller efficiency. ■ 

The use of sweep to del^y the onset of campressihility effects 
to even highor forward speeds is also currently being studied. Pre- 
liminary testa with sweep incorporated in just the tip section of 
propeller hladea has indicated that the use of sweep will permit a 
significant delay in the onset of compressibility effects (refer-r.,, 
ence I5). More recently the NACA found that there were propeller 
blades incorporating sweep which had been built, for flight test.s by 
a manufacturer. It appeared that these blades would be available 
sooner than existing NACA designs which are currently being built. 
Steps were taken to procure these blades for testing in' the 
, Langley l6-foot high-speed tunnel. 

Figure 2 describes the propellers and the test results obtained. 
Two propellers were tested, one straight and one with sweep as indi- 
cated by the plan-form lines. The part below the propellers is a 
plot of the variation of sweep angle along the radius of the swept 
propeller. The results of the tests are shown in the lower pai-t of 
this figure in the form of maxlmim efficiency plotted against 
resultant tip Mach number which la chosen rather tlian forward, Mach ■ 
number since the resultant tip Mach number is a more exact Indioe- 
tlon of the onset of compressibility effects. The differences in 
maximum efficiency between the straight and swept propellers shown 
are within the experimental accuracy of the tests. The results show 
thab sweep can be Incorporated throughout the blade radius without 
serious adverse effects on low— speed efficiencies. Even at the 
maximum tip speed attained, which was a limitation Imposed by the 
larger diameter (I3 ft) of this propeller as compared to the standard 
size (10 ft) for which the dynamometer equipment was designed, there 
were no essential differences in the propeller efficiencies. Pre- 
sumably, delays in the onset of compressibility effects might be 
indicated at higher tip Mach numbers'. Because no effects of com- 
pressibility 'are shown, the magnitude of the delay from the amount 
of ’sweep used has not been defined. 

Included in the part Just under the blade plan— form curves for 
■the tVo propellers fo Indicate the amount of sweep required for a 
given delay of compressibility effects is the variation in sweep 
indicated by analytical studies to be required to delay compressi- 
bility effects by approximately 100 miles per hour. These values 
Indicate that lai’ge amounts of sweep are necessary before signifi- 
cant delays in the onset of compressibility effects can be realized. 

. This, same characteristic has a]jeady been shown for wings where 
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sweep aijglea-of' less than' 30° are not effective In delaying ccm- 
pressiblllty effects. 

In addition to the recent work performed to study the phenomena 
on ^ojpellera at speeds in excess of 5OO mlle.s per hour, there has 
'been made 'concurrently with the work Just discussed a study at 
speeds up to 5OO miles per hour in the Langley l6~foot high-speed 
tunnel of the effects of various design parameters on propeller per- 
formance (references 16, I7, I8, and 19). 

■ Included in this work is the. effect of solidity. These results 
are shown in figure 3 for studies of three propeller configurations. 

Tests were made of a two-hlade narrow propeller, a two-blade wide 
propeller having increase in solidity of 50 percent over the narrow 
blade propeller, and a thre^blade propeller utilizing the same 
narrow propeller blade, thus providing again, a 50-percent increase 
in pjScpe-ller solidity. The results are presented In the upper part 
in the fcam of a plot of maximum efficiency agalxist resultant tip 
Mach number for a blade angle, of 45 ^. It is indicated that little 
or no changes in efficiency occur in increasing the solidity by 
increasing the number of blades or the -blade width. As a matter of 
fact, the changes in efficiency shown correspond in magnitude to the 
calculated changes in efficiency due to the increased induced losses 
occurring for the higher solidity propellers. 

The lower part is a plot of the power coefficient corresponding 
to the maximum efficiency curves presented above. At Iqw tip speeds 
the three-^lade propeller absorbs considerably much more power at 
maximum efficiency than does the two-blade wide propeller. Thus an 
Increase in solidity by the use of an increased number of blades la 
indicated to be more effective in increasing the power capacity of 
the propeller than is an increase in solidity by increasing the 
blade width, i ^ . 

At high tip Mach numbers where the effects of compressibility \ 

are shown to be severe, very large reductions in the power coeffi- 
cient for maximum efficiency for all three propellers tested was 
observed, 

Thase curves, which are presented for blade angles of 4 - 5 ° 
(advance-diameter ratio of approximately 2), are in marked contrast 
to the power coefficient curves fctr maximum. efficiency shown in 
figure 1 where for blade angles of (advance-diameter ratio 
approximately 4 ) no such large losses were shown. 

The large varla-blpn in these power-coefficient characteristics 
at the high tip Mach numbers together with the differences at dif- 
ferent advance-dlame'^? sratlos iMicates that predictions of these 
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characteristics based on low— speed data could be expected to be 
inaccurate. However, in order to attain even the maximum effi- 
ciency shown at the higher tip Mach numbers, it is necessary to 
■’operate at or very near these, power coefficients, because the results 
indicate that departure frcm these power coefficients would lead to 
efficiency values considerably less than the maxlmip values shown. 

, ^tx The; onset of compressibility effects for the" wide-blade pro- 
.^Jpeiler occurs at a higher tip Mach number than it does for the 
three-blade propeller. This difference is believed to be a result 
\'*^^of the effects pf aspect ratio, the wider blade having the lower 
Aspect ratio. Reductions in aspect ratio have been shown in studies 
Gf-'" wings by Stach and Lindsey to lead to delays in the onset of 

cdmpressibllity effects (reference 20). Increase in Solidity by 
wide propeller blades has been studied, through, a . range of 
^ solidities approximately twice that presented in figure 3' (refer- 
■V >' 21) . The results of these tests have given similar indication 

that wide propeller blades tend to delay the onset of compressibility 
effects. - 

'U' \ ■ ' ‘ 

Airfoil and wing studies at high speeds have long Indicated 
that reductiohs in airfoil thickness ratio provides delays in the 
onset of ccmpreasibility effects. Studies of propeller airfoil 
sections (reference 22) have indicated that increased values of 
efficiency even at low speeds can be obtained through the use of 
thinner propeller sections. .'Tests of propellers having different, . 
thickness ratios have been studied' to evaluate these effects, in , ' 
terms of propeller performance. ' ' 

Figure 4 Includes test results of two sets pf propellers’ having 
different thickness ratios. ’A pair of propellers having the plan, 
form shown on the left of the figure and having identical 
camber (Cl^ » O. 3J, but with sectional thickness ratios of 

12 and .8 percent, respectively, wera tested. . The distribution of 
the thickness ratio along the propeller— blade radius is shown... The 
maximum efficiency for these two propellers is plotted against a . 
tip Mach number. The results indicate that even at low speeds, as 
was indicated by the airfoil studies, the thinner propeller has the 
higher efficiency and this Incremental efficiency becomes con- 
siderably larger above tip Maph numbers of 0,92.' Moreover, the • 
point at which the effects of ccmpresslblllty, begin to occur are 
shown to be delayed by the thinner propeller,. , • - 


.On the righ-t— hand side of the figure, test results are shown 
for another pair of propellers having Identical characteristics but 
with thickness ratios of 5 and 8 percent, respectively, at the 
0.7 blade— radius station. The variation in the thdckness ratio . 




along ■the blade radius is shown-. In the plot oif maxlmuia efficiency 
characteristics, the thinner blade is the more efficient which, at 
the highest tip Mach number presented/ amounts to an improvement in 
efficiency of approximately 2 percent and, at the same time, indi- 
cates further delays in the compressibility effects. For example, 
up to tip Mach numbers of 0.97> 'the ^“Psrcent— thick, propeller shows' 
no adverse effects of compressibility; whereas the 8— percent— thick 
propeller in the left-hand part his shown effects' of c empress ibility 
at tip Mach numbers in the order of 0.9^. .Thus, reductiohe in pro- 
peller thickness ratio to as low as 5 percent are shown to offer 
Improvements in propeller efficiency. 

Recent high-speed research on propeller airfoils in the 
langley 24— inch high-speed tunnel has included studies of the effect 
of camber as well as effects of thickness ratio (reference 22). The 
effects of camber at. high speeds, as indicated frem this airfoil 
data, is shown in figure 5 i>^ which is plotted the section effi- 
ciency of two propeller airfoils having the thickness, differing 
only in design camber (MCA 16-506 and MCA 16-IO6) . The section 
efficiency la calculated from the equation shown in the figure and 
is a functlon onlj'' of the L/D characteristics of the section. The 
values of L/D for the two aljrfoils were chosen at a lift coeffi- 
cient of 0.5 which is the design operating condition for the higher 
cambered airfoil. The resxilts have been plotted against section 
Mach number. 

At low speeds, as would be expected, the higher cambered airfoil 
when operating at its design lift coefficient of 0.5 is approximately 
2 percent more efficient than the lower cam'bered airfoil. However, 
at high speeds the comparison is reversed, the lower cambered airfoil 
being 2 percent more efficient than the higher cambered airfoil even 
though the lift coefficient is considerably in excess of the design 
value for the low cambered airfoil. .Data for other thickness x’atlos 
and for other airfoils have also indicated the same trend, and the 
results indicate that at supercritical speeds the most efficient 
airfoil sections are those which have very small amounts of ceimber 
or no camber . Thus, improvements in propeller performance is indi- 
cated through the use of reduced camber, particularly in the tip 
section of propellers where the sections. are often designed to 
operate at supercritical speed conditions. 

High-speed propeller tests of propellers having variations in 
camber have substantiated this conclusion in general, and figure 6 
shows the results of a aeries of tests on throe propellers differing 
only in camber. The propeller-blade foimi is shown in the figure, 
and the variation in the design lift coefficient along the blade 
radius is also shown for the three propellers. Tlie test results are 
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plotta^L in the form of maximum efficiency, against tip Mach number. 

The highest values pf efficiency at low Mach 'numbers are shown for 
the propeller . having camber corresponding to design lift coeffi- 
cient of, 0.5.. The propeller blade ha-ving' a design lift coefficient 
of 0,3. is> a't low tip speeds, only a .fe'w percent le.ss efficient 
than the propei^er blade having a design lift coefficient of O.5. 

The propeller blade having a design lift coefficient of 1.0 shows 
the poorest efficiency throughout the range. At supercritical 
tip speeds, however, there Is a tendency toward reversal_ of the 
comparison between the propellers having 0. 5 and 0.3 design cambers, 
the lowest cambered blade having slightly’ the best efficiency. The 
effect is’ not as strong as was indicated by the study of propeller 
airfoils. > . ^ . ■ 

The results of the propeller airfoil study are somewhat , 
masked by the fact that there exists a Mach number gradient all 
along the propeller— blade radius so that the effect of supercritical- 
speed operation is confined to the tip portions of the propeller, and 
thus the full effect of the Improvement in efficiency through reduc- 
tion in camber at supercritical section speeds is confined to a' 
small portion of the propeller. At higher advance-diameter ratios 
where’ the Mach number gradient along the blade is more luiiform,- - 
this' effect would be expected to be larger. 

High-speed propeller research has thus Indicated that propellers 
having high levels of efficiency up to forward speeds in the order ■. 
of 500 miles per hour are possiblej that improvements in. propeller 
efficiencies at speeds in excess of 5OO miles per hoiu: are indicated 
through the use of pitch distribution modifications and ..dual— 
rotation propellers; and that more .extensive increases are possible 
through the use of sweapback and perhaps low aspect ratio in ' 
propeller blades However, experimental studies to define the 
ma^itude of these effects have not been made. The proper selec- 
tion of camber, solidity, and propeller-section thickness, ratio has 
also been shown to effect significant improvement in propeller . 
performance. 
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SOME HIGH-SPEETi FLUTTER STUDIES 
By I. E. Garrick 

langD.ey Meirorjal Aeronautical I/?,"boratory 


It 1 b Intended to present a brief review and progress report of 
some of our recent studies on flutter at hi^ speeds. In order to 
present this work with a degree of continuity, it is perhaps desirable 
to make a few observations of general Interest on the past stream of 
flutter work. 

The field of flutter is concerned essentially with a study of 
the circumstances whereby a coi^llcated elastic structiire such as an. 
aircraft or aircraft conqponent can spontaneously become a "flutter" 
machine and absorb energy from the alrstream to the extent of 
damaging or destroying itself. Hence it would appear that knowledge 
of nonstationary aerodynamic phenomena is a basic requirement to 
our understanding of flutter. Yet in the old days (some twenty 
years ago) flutter was discussed without this loiowledge of even the 
low-speed air forces, and analysis employed either statically 
determined aerodynamic coefficients or, as continues even to the 
present day, a set or matrix of numbers arrived at b3r some combina- 
tion of reason, guess, and hope. 

Although these older investigations sometimes led to some 
misleading specific rules, nevertheless they also led to certain 
basic principles for flutter prevention. Thus, the basic safeguards 
of (a) Increased stiffness, (b) avoldence of coupling (implying,, 
for example) proper mass balance, and (c) si;ifficlent damping - 
followed without specific knowledge of the air forces. 

The detailed questions of what kind of stiffness, how much 
stiffness, how to attain it; how much mass balance, where to put it, 
what modes to balance against; how much damping is needed, how 
reliable is the damping available, how "irreversible" is irreversible 
■vAen applied to control surfaces such as tabs. These and similar 
questions are not yet answered . in general but orJLy in special 
clrcmnstances, for these questions are tied up with elastic problems , 
..which ^e., too. .complex ..to.be anyl<hing but approximately handled, 
even without c 6ns 1 derat ion of air forces, and with aerodynamic 
problems which are complicated enou^ even in the steady case and 
for rigid structures. 

Yet the accumulated experience in flutter is of formidable 
quantity (as aiyone who has struggled, with the flutter field can 
attest) and represents li5formation obtained by combinations of 
statistical studies, analysis, theory,’ and testing. 
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An example of a distillate of this experience In the fona of 
recommended procedures In design Is the Airmy, Navy, Commerce 
bulletin, soon to be made available: ANC-12 (l) "Procedure for 

Aircraft Structural Vibration Survey" and ANC— 12 (2) "Methods of 
Flutter Prevention" Another example is the torsional stiffness 
criterion of reference 1, 

Although stiffness criteria and similar procedural rules of 
thumb can be of great practical help they should not servo as a 
substitute for thought or camouflage the need for understanding. 

Before discussing the experimental studies I would like to 
give a thumb-nail sketch of the theoretical basis for study of the 
aerodynamic forces and some of the Implioatlons , I intend to 
present only the governing field etjuatlons and their significance 
without going into any mathematical details . 

The general nonstationary flow equations for irrotational 
potential flow of a compressible fluid can be expressed in an 
invariant form: 




0 = 


( 1 ) 


where the differential symbols 


dt 
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operate only on the velocity potential 0 (not on v) and where, for 
the adiabatic pressure-density relation, the local (variable) speed 
of sound is ■ 




= o 2 - T® 

0 2 , 

The compressible— flow equations have not, so far as I am aware, 
been given this imive-equatlon form before and perhaps that is a 
valid reason for showing it here. The potential is propagated in 
the manner Pf„ a wave disturbance of finJt© amplltudLe throu^ut a 
medium in which the velocity of sound is variable. 

The Invariant form serves to unify the general compressible 
potential-flow picture, at least for purposes of discussion. For 

example when ^ la absent and the disturbance not necessarily 

small the equation becomes the one treated by Ealei^, Janzen, and 
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Poggl, In a space of one dimension, for example, it reduces to the 
equation of Eiemann for aerial plane waves of finite aEq>litudes.. 

(For c = <», It reduces to the incompressihle case.) 

For small diat’orbancas from a main stream V in the x-dlrection 
the original nonlinear equation becomes a linear one and c la, now 
treated as a constant 

= 

This equation contains the equation for the propagation, of sound 
(V = 0), the equation leading to thin-airfoil theory and the 
Prandtl-Glauert and Ackefet rules in steady flow, and the equation 
treated by Poaslo and others for subsonic and supersonic non- 
statlonary flow. The treatment of flow in a plane on the basis 
of this equation is in pretty fair shape and a number of theoretical 
papers and applications exist but much remains to be done on the. 
handling of finite-span problems. (See references 2 and 3-) 

In the noar sonic region the linearized theoretical basis 
clearly requires modification as indicated by the Preuadtl-Glauert 
and Ackeret rules leading to infinite slopes of the lift curve 
at M = 1, It is likely that in this region it is necessary to 
employ iterative methods and to take into account second-order and 
other effects (including viscosity and shape factors) but even the 
small-disturbance equation appears differently. Thus, if all 
velocities are only slightly different from the velocity of 
sound c’', and the main stream la in the x-dlrection, there is 
obtained for the equation satisfied by the Velocity potential 

(s . (7 . 1) ^ (3) 


or 

(rl 1) 1^ - V - i (i<tt + = 0 

This equation reduces in the steady case to a nonlinear 
equation leading to the transonic simllarily rules discussed by 
von ICiannan in his Wri^t lecture. With this small background of 
theoretical considerations it la apparent that the detailed flow 
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picture in the nonet at lonar7 case, particularly at near sonic speeds, 
can become very complicated. But in this subject we often hawe to 
postpone our understanding of details in order to obtain knowledge, 
in reasonable time, of integrated effects. Information on some of 
these Integrated effects was the objective of the first phase of 
our experimental work, 

Study of torsion-bending wing flutter at high speeds has been 
made by means of wind-tunnel testing and, also with the aid of 
recently pioneered tecliniques employing bomb drops end rockets. 

The scope of the wind-timnel investigation which was made in 
the Langley 4. 5-foot flutter-research tunnel, is Indicated in 
figure 1. The models were cantilever wings which were simply 
built since flutter fatalities were many. They were mainly of 
wood construction, many with suitable metal inserts, a few had ribs 
and spai’s covered with fabric. A range of semi span-chord ratios 
is covered, . a range of sweep including some types of built-in 
sweep and rotated models and some tapered wings. 

Figure 2 shows a particular swept wing mounted as a cantilever 
in the Langley i|-.5— foot flutter— research tunnel. Two noteworthy 
features of this wind tunnel are the 30 to 1 possible density change 
in the medium and the relatively hi^ Mach numbers attained at 
different density conditions with low power by the use of mixtures 
of air and Freon— 12. Some erratic results have been obtained near 
top tunnel speeds corresponding to choking conditions but in general 
the tunnel data taken at Mach ntimbers below 0,8 are considered 
reliable. 

Figure 3 shows a high— speed— rocket flutter vehicle. It has a 
top speed corresponding to about M = 1.5, an acceleration of 
about 50 g. Its wel^t is about 100 pounds. It is the high 
acceleration type of rocket which experienced a large number of 
failures when originally used for aerodynamic teats and which led 
to the empirical torsional— stiffness criterion given in reference 1. 

This test vehicle is at present used for exploratory flutter 
testing and employs a break-wire to determine time of wing failure 
(reference 4). Telemeter equipment for it is also being planned. 
Because of its high acceleration, when wing failure occurs, it 
takes place within about a second from the time of launching. The 
few cases tested to date have shown fairly consistent results with 
duplicate firings and also in comparison with the low-acceleration 
bomb drop tests;, however it is planned to test further for effects of 
acceleration. 


Figure U Is a photograph of the larger low-eccelaratlon rocket 
(designated FR— l) shown with sveptoeck teat vings. Its weight. 

Is about 250 pounds. Its acceleration from 2 to 4g and its top 
speed corresponds to a Mach number about 1,2, This rocket is , 
equipped with a telemeter to transmit strain gage, breakwire, and 
acceleration records of the wings. A sample record (reference 5) 
will be shown subsequently. 

Figure 5 shows a free— fall— bomb flutter vehicle. First success- 
ful telemetered flutter record.a were obtained with this tj'pe of 
vehicle, Q3ie bomba have been released at various altitudes up to 
35,000 feet, and are accelerated by gravity to attain a Mach number 
from about 1.0 to 1.3* A sample record is given in another figure. 

Figure 6 shovrs the first telemetered record obtained from a 
low-acceleration rocket test. This particular rocket carried 
two 45° sweptback wings as shown in figure 4. Flutter occuired at ' 
a Mach number of O.67 in a symmetrical mode. In spite of large 
flutter emplltvidee, however, one wing apparently did not break off. 

It may be of interest to mention that the ratio of flutter 
frequency to the wing torsional frequency was 0,55* 

Figure 7 shows a telemetered record from a free-fall bomb 
vehicle carrying two 45° sweptback wings. (See reference 6.) 

Bending and torsion strain on one wing and torsion on the other 
are recorded. (Four channels were used in this case^ It is 
expected to employ additional channels in some later tests.) This 
flutter occurred at Ms 0,92, one wing failed at once, the other 
fluttered for another second or so subsequent to the first wing 
failure before it too failed. The flutter frequency was 0,38 that 
of wing torsion. 

A composite plot is shown in figure 8 of some of the wind-tunnel, 
bomb, and rocket data for unswept uniform rectangular wings of 
various aspect ratios or rather semi span-chord ratios Z/c. The 
abscissa is the Mach number and the ordinate is the ratio of flutter 
speed measured to flutter speed calciilated on the basis of two- 
dimensional incompressible— flow considerations. Ihe data shewn are for 
wings of several different mass ratios, elastic axes, and center— 
of-gravlty locations. The full cia:7?'o represents theoretical (two- 
dimenslonkL) calcvilations for mass ratio e =50 center of 
gravity and elastic axes at 45 percent chord. The effect of Mach 
number and of variation of the semi span— chord ratio l/c is indicated 
by the data. For l/c from 3 to 6 there is only a small effect, 

while for 1=1 there is a fairly significant rise, 
c 



It vlU be receilled tliat extrapolations from theoretical 
considerations based on subsonic and supersonic linearized theory- 
indicated that, for cen-ter-cf— gravity locations forvrard of the 
midchord, the design critical range is the near sonic speed range. 

1X0 

(it Tms also shovn that the particular quantity — ^ (half chord 

■ times torsional frequency divided by sound speed) plays an interesting 
role as a basic nondimer.sional parameter, around which it appears 
that convenient empirical rules can be developed.) 

In general the data of figure 8 indicate that the transonic 
range may be the determining factor in deciding the stiffness as 
far as wing flutter is concerned. Other data will be published in 
various MCA papers. 

Figure 9 is a plot against liach number of the effect on the 
flutter speed of rotating a uniform ( k inch X h inch) cantilever 
wing in the, wind tunnel, the sweepbaclc being changed by rotating 
the model mount. The problem of sweep brings into the flutter 
analysis several new problems which have thus far been only li^tly 
touched upon by sevei’al workers. Tlius, there is the problem of 
the modes of vibration, in particular for a curved or bent back 
elastic axis, involving a greater degree of coupling between bending 
and torsion, and there is the aerodynamic coupling in the finite- 
span problem. 

It perhaps should be mentioned that for an infinite uniform 
yawed wing (yawed at an angle not near 90°) two-d-lmensional low^ 
speed considerations indicate that the flutter speed increases , as 
one over the cosine of the angle of sweep. However, the combined 
effects of the elastic and aerodynamic coupling, together with the 
finite-span problem, apparently result in no such favorable increase. _ 
In genei-al it appears that up to 30° sweep there is only a very 
small increase in the flutter speed. 

The rocket-data points. (fig. 9) are for built-in 45° swept wings 
(of length 27 Inches along the leading edge and chord 12 inches 
normal to the leading edge). The free-fall-bomb— data points are 
for a wing of dimensions 28 Inches along the leading edge and 
8 inches normal, to leading edge* It may be seen that .for 45° an^e 
of sweep the wind-tunnel, rocket, and bomb data are in fair 
agreement . 

Some effects have been found to be due to the manner in which 
the root -was built in or the tip cut off; also models with large 
length to chord ratio tend to Introduce hl^er mode effects leading 
to erratic sweep effects for low angles of sweep as in this figure. 


Figure 10 shows some effects of sweep for models which had, the 
same section parallel to the air stream (sheared hack) and the same 
span normal to the airstream; that is the aspect ratio was kept 
constant. The lower curve gives the measured torsional frequency 
as a function of the sweep angle. Dimensional considerations 
indicate that this frequency should he constant (except for tip 
and root effects ) for the sheared~hack uniform wing and the data 
hear this out. . 

Ihe flutter speed also appears to he relatively constant, 
though there is appreciahle scatter. Ihe data thus indicate that 
the flutter speed of a swepthack homogeneous wing (sheared hack in 
the manner described) is about the same as the wing without sweep. 

The t'lach number at flutter end the flutter frequency for the test 
points are also shown in the figure. 

Fi/p.’wro 11 gives come resiilts. of an investigation on the 
effect of concontratol weights on the flutter of a cantilever wing. 

The . investigation includes single and multiple weights, and the mass 
and its momenta of inert5a are varied, as well as the spanwlse and 
cordwiso positions in cojijunctlon with uniforr^, tapered and swept— 
hack ■'rings. The fi.gvge is, however, for a uniform unswept cantilever 

^ = 6^ and for a single weight 93 percent of wing weight (reference ?)• 

(The mass of tlie welgl'it was constant for these tests hut the polar 
moment of Inertia about the elastic axis of the •wing varied with the 
chordwiao location.) The abscissa of the chart is the location of 
the wei^t along the span. The ordinate is the flutter speed 
measured with the weight on divided by the flutter speed without 
the weight (wing alone),' Each curve is drawn for a single chordwlse 
location of the weight; the center of gravity location of the 
vei^t is. sketched in the figure. 

• It is noted that the rearward location of the wel^t lowered 
the flutter speed while the foivard location raised the flutter 
speed. (There is a small decrease for the near inboard positions 
In all cases.) For the most forward chordwlse location there was a 
range of span positions at which no flutter occurred below the 
divergence speed of. the •wing. However, ■..wi'th. the wel^t at a tip 
location In this case a higher— frequency type flutter did occur. 

This effect probably depends on the zero airspeed frequency 
spectrum and hence is probably different as the aspect ratio of 
a given wing is changed. 

The test data in this single chart corresponds to well over 
100 flutter tests talcen at Mach numbers around. 0.3 to 0.1^, A 
similar series of tests for the wei^t location near the wing 



center of gravity haa teen run for Mach numbers up to 0,7 and showed 
the same trends as Indicated in the figure. 

Theoretical calculations for the flutter speed have been made 
for the case In irfiich the chordwlse location of the weight is near 
the elastic axis. The uncoupled modes were used in these calculations, 
and theory compared well with the experimental results. For wel^t 
locations far frcm the elastic axis, howevei; higher modes or coupled 
modes are probably recuired, fin extension of the treatment of 
Goland and Luke (reference 8) for the work is being examined. Res’olts 
of these calculations are not yet available. 

The quantitative correlation of theory and experiment is the 
goal of this study. Those data provide an opportunity for such a 
quantitative check and should prove useful in evaluating the degree 
of refinements necessary in both the elastic and aerod 3 mamic parts 
of the theory in order to keep each in step with the other. 


A selection of results obtained at the Langley Laboratory are 
presented here. Many things have been left unsaid and many more 
things have been left undone. Various recent aircraft company 
reports on aeroelastic problems exist to which specific reference 
here is not feasible. It is hoped that information may be obtained 
at high-speed conditions for -the mixed subsonic— supersonic types 
of flow (for instance, on the effects of thick and thin sections, 
of rounde'd and sliarp leading edges) to examine possible nonstationary 
effects of detached and attached strong shocks. Also measurements of 
aerodynamic derivatives in the near sonic and supersonic speed ranges 
require exacting experimental techniques and critical tests. 


This talk has been only of potential flow or classical flutter. 
It is also desirable to e x a mi ne the separated flow types of insta- 
bility which particularly at high speeds may be due to a variety of 
causes. These instabilities may be associated with wide movements 
of the center of pressure and with regular breakaway and reattachment 
of the flow. In addition there is the interaction of the aerodynamic 
and elastic forces in the class of stability problems Involving 
control. effectiveness and control reversal. The whole field of 
aeroelasticlty is pretty wide open and remains a challenging field 
of inquiry. 
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Flgxire 5.- Free-fall-bomb flutter vehicle. 



Figure 6,- Rocket telemeter record. 
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Figure 9.- Effect of sweep for rotated cantilever wing. 
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TRANSONIC ITCTTER OF CONTROL SURFACES 
By AllJert X. Erickson 
Ajjies Aeronautical Laboratory 


The one-degree-of—freedom type of transonic flutter Is a new 

■ flutter problem encountered in the transonic range in addition to the 
classical or two-or-more-degrees-of-freedom problem. It Is Intended 
in this paper to discuss only the one-degree— of— freedom case. This 
type of flutter results from some form of time delay. Tills tiiM delay 
has been explained as being caused by separation resulting from the 
shock front across the wing. In the case of separation, flutter can 
be explained as being due to the periodic breakaway and reattachment of 
the flow about the airfoil, an effect similar to that which can be 
obtained at low speed on stai.led airfoils due to high angle of attack 
or excessive thickness. It has also been considered, however, that due 
to the high velocities over the. airfoil, changes in the hinge moment 
could be retarded during flutter so that an. unstable condition might 

■ exist even'vlthout separated flow. Of course, in the actual case 
separation generally does occur; and it has been found that as separa- 
tion becomes more severe the flutter becomes less violent in that the 
arnplltudo dGoreases. It should be noted that the one-degree-of—freedom 
type of flutter cannot be prevented by any of the standard flutter 
prevention methods which Involve the uncoupling of mechanical movements. 
If the flutter is due to a time delay which does not .necessarily involve 
separations, elimination of the aerodynamic forco does not appear to be 
very feasible. Therefore, the solution of first Importance involves 
the determining of the flutter fre(iuency to be expected with any given 
system. 

By use of the available experimental data, an en?)lric^ solution 
has been developed which appears to have sirfflclent merit to be of 
practical use. The problem Involved has been set up in its simplest 
form and is shown in these first equations (fig., 1). The first equar- 
tlon is the simple one-degree-of-freedom equation with all the mechan- 
ical forces on the left side and the aerodynamic force shown as a 
single resultant on the right side. The solution of the equation used 
mdkes it necessary to detenaine the flutter frequency, a phase angle, 
and the magnitude of the hinge moment, With this equation the condi- 
tions for Instability can be easily shown. In order tq determine the 
' ■ flutter freqixency some measure of the time lag is necessary. The basic 
parameter selected .for indicating the time lag has been called, the . 

■ aerodjhaamic frequency and is based on the. distance from the wing trailing 
to the minimum piCessUre polni: and on an assumed average velocity 
' . dlstolbutloh after the shock which goes from slightly below a Mach 

of 1 to ^ee^tr earn velocity at the trailing edge, . The equation 
then takes this form (fig. l) with the constant K experimentally deter- 
mined, The parameter was selected on the basis that Impvtlses or changes 


at the trailing edge could not get through the shock front outside of 
the "boundary layer; this assumption Is substantiated by steady— state 
results which show that deflections of a control have little effect on 
the flow in front of a shock wave. Therefore, the parameter appears to 
be a reasonable one In determining time lags. The type of analysis used 
assumes that the actual phase angle would be a direct function of the 
difference between the aerodynamic period and the flutter period which 
is the basis of this approximate phase-angle equation. The constant in 
the aerodynamic frequency parameter was ' determined for the most part 
from the resiilts of one test and then checked against all other available 
data. In the basic test the piiase angle for several conditions of 
flutter was determined by use of a shadowgraph system of visualizing 
shock and aileron motion, figure 2 shows the type of shock pictures 
obtained. It was possible by analyzing a large number of these pictures 
to obtain the, phase relationships as shown in figure 3- It "was then 
assumed that, inasmuch as the time delays of pressure propagations 
would be greatest in moving from the trailing edge to the shock and 
much less when movlr,g from the shock to the trailing edge, the phase 
relationship of the shock motion as shown must be an indication of the 
phase relationship of the hinge moment on the aileron. It was this 
type of inforination, obtained from a series of tests (table I), that was 
used actually to check the phase-angle equation. By use of the computed 
phase angle and the kno^m mechanical parameters it was fovmd that the 
dynamic resultant hinge-moment slope was the seme as the static hinge- 
moment slope. Therefore, the magnitude of the dynamic hinge moment can 
be estimated, from static data until more exact solutions are obtained. 
These resuilts also show that increasing the separation causes a decreased 
flutter amplitude as was previously mentioned. 

The eqtiatlons developed have been checked for general correctness 
as to predicting flutter frequencies on six different models as shown fn 
table U. It is believed that tlie wide range of frequencies involved 
makes the ^ check quite reliable. It is Interesting to note that the wing 
with the NACA 0012-^ section had internal aerodynamic balance and this 
balance was very effective in helping to prevent flutter, it being 
necessary to go to a Mach number of 0.875 "to get any indication of 
flutter at all; and even then the flutter was not of a dangerous nature 
since a very small amount of damping such as might be in an ordinary 
control system would have stopped the flutter. (See table H.) The 
Bangley Laboratory obtained the flutter of the control-surface type on 
the sweptback wing during rocket^ropelled tests. Figure h shows the 
type wing and airfoil sections involved, - The aerodynamic frequency was 
computed by use of the airfoil normal to the leading edge. The flutter 
range to be expected, as shown in table II, was found to be from 73 to 
109 cycles per second. The actual test results shown in figure 5 show 
that the flutter range was from about 90 "to 115 cycles per second.^ It 
is not believed that this one test is sufficient evidence to warrant, the 
general use of the equations for sweptback-wlng analysis, although it 



Is important to note that the sweephack merely delays the onset of 
flutter to Mach numbers above 1 in this case. 

In order to explore and to understand further the onoMiegree-of— 
freedom transonic flutter^ Instantaneous pressure cells were installed 
on a test wJng and the pressures were measured at several flutter 
frequencies. Figure 6 ahorrs the type of pressure record obtained. The 
notations on the records indicate the position of the cell, in percent 
chord and whether it is top oi' bottom surface. An oil daii 5 )er was inserted 
in the system to control the amplitude, the damping force being measured 
by a strain ga^e. One cell shows a square— wave effect. It was found 
upon investigation that the shock wave passes over this cell and results 
in the very sharp changes. From these records, pressure -distribution 
changes at various points through the cycle were plotted as shown in 
figure 7» .By following these records through a cycle it 'is possible to 
see the props^ation of the pressure waves with’ time. The dotted lines 
indicate the lower surface and the solid lines, the upper. By use of , 
the part of. these plots over the aileron it was possible to Integrate 
and to determine the instantaneous hinge moments due to .the upper surface 
and the lower surface independently along with the resultant hinge 
moment as is sKoto in figure 8. This figure shows the instantaneous 
aileron angle plotted against the instautanebus hinge moment, the time 
lag causing the hysteresis effect. The area of this figure is a mea.sure 
of the energy expended in overcoming the mechanical forces. The greater 
the time lag, the more open the figure becomes. It may be seen that 
subsonic flow is probably Induced on the lower surface as the aileron 
goes down, that the lag effect disappears, and that no work is done. 

The upper surface shows a similar effect in that the energy loop becomes 
less open when the aileron is in the upper position. Other curves of 
this same nature have actually shown that at the lower Mach numbers or 
at lower angles of attack a certain amount of damping due to the lower 
surface occurs in this region. By using the maximum amplitudes measured 
and by setting the areas of these loops equal to the area of the ellipse 
that would do the same amount of work, the phase angles noted are 
determined. It is Interesting to note that when the upper and lower 
surfaces are combined into the total hinge moment the result is a fairly 
uniform figure approaching closely the pm’e elliptic form. In the final 
plot the aileron motion and total hinge moment are plotted as a function 
of time to show the relative purity of the wave shapes. Generally 
speaking, it has been found' that the relationships suggested by the 
empirical solution are in reasonable agreement with the results of the 
pressure tests. It has been indicated, however, that the actual lower- 
flutter frequency may be slightly less than that predicted by the 
present solution, although the exact lower limit is difficult to deter- 
mine. 

” lh conclusion it can b© said that an empirical method has been 
developed that can be used to predict the flutter- frequency range, and 



92 


by knowing the mechanical characteristics of the control* and the static 
hinge-moments the possibility of flutter occurring can be computed. 
Furthermore, there is as yet no indication that airfoil section can in 
Itself hare any effect in preventing flutter except that it should 
control the possible flutter^frequency range. It is also evident that 
Inasmuch as static tdnge moments are a measure of the dynamic hinge 
moments, internal aerodynamic bai.ance can be sufficient to prevent a 
serious one-degree— of —freedom flutter problem. 
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Figure 1.- Equations used in the empirical solution of transonic 

control surface flutter 
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Figure 2,- Shadowgraphs of wing with aileron free. 
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Figure 7,- Pressure -distribution changes at various points through 

a cycle. 
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Figure 8.- Hinge -moment results obtained by the use of instantaneous 

pressure cells. 












•*>*'. "Vv* 



Preceding page blank 



PREDICTION OF THE AERODYNAMC CHARACTERISTICS 
OF WINGS OF ARBITRARy PIAN FORM 


By Victor I. Stevens 
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Tn our present effort to fly In and through the transonic -speed 
range we have resorted to widely diversified plan forms. ' Ranges of 
sweep, aspect ratio, and taper ratio are being considered which 
extend far beyond those cor-sldered practical several years ago, and 
the effect of wide variations In these parameters on the subsonic 
aerodynamic characfieristlcs of wings Is as yet largely unknown. 

The multiplicity of possible plan forms precludes an investigation 
of each experimentally . As a result, considerable effort has been 
directed towards developing a theoretical method of predicting the 
loading over the wing since, once this loading has been detennined, 
not only can structural loads be estimated but values of the various 
aerodynamic' characteristics such as lift-curve slope, aerodynamic- 
center location, and induced drag can also be found. The investi- 
gation of several theoretical methods for the prediction of loading 
and the application of one of these methods to a wide range of plan 
forms is the subject of this paper. 

The theoretical methods studied were those developed by Falkner, 
by Mutterperl, and by Weissinger. In each of these methods the wing 
is replaced by a distribution of vortices. The strength distribu- 
tion of these vortices is fixed by the boundary condition which 
req^ulres that the induced velocities of these vortices produce no 
flow through the plane of the wing. The difference among the methods 
lie's in differences in physical location of the vortices, in the 
disposition of the control points where the boundary condition is 
applied, and in the mathematical manipulation. Figure 1 compares 
the layout of vortices and control points for the methods. Falkner 
replaced the wing with a distribution of finite horseshoe vortices, 
both spanwlse and chordwise. He likewise distributed the control 
points both spanwlse and chordwise, hence his method is classified 
as a lifting-surface method. As a result of his work Falkner has 
recommended a particular vortex and control point distribution which 
was followed in our studies . In contrast to the Falkner lifting- 
surface method, both the Weissinger and the Mutterperl methods are 
llftlng-line methods; that is, the loading is concentrated on the 
quarter-chord line, and the control points are distributed along the 
three -quarter -chord line. The Weissinger end Mutterperl methods 
differ in the spanwlse location of the control points and in the 
mathematical development. 
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Van Dom and DeYoung have examined each of these methods for 
accuracy and ease of application (reference l) . Tlie accuracy was 
evaluated hy con^jarlng the predicted and the experimentally deter- 
mined aerodynamic characteristics of five vings having sveep angles 
ranging from -i^5° to 45^^. By keeping an account of the time required, 
each method was also evaluated with regard to ease of application. 

The results of this study are shown in figure 1. From a comparison 
of the predicted and experimental values of spanvlse loading, lift- 
curve slope,' and spanvlse center of pressure, the Falkner method 
was judged to he very accurate and the Welsslnger method only 
slightly less accurate. The Mutterperl method, while predicting 
with moderate accuracy the characteristics of the swepthack wings, 
did not give accuracy comparahie to other methods In the case of 
the sweptforward wings. The time required per solution was least 
for the Welsslnger method (3 hr) . In contrast 28 hours we.s required 
per solution for the Mutterperl method and 30 hours for the Falkner 
method. 

On the basis of these results it was concluded that for a 
detailed study of a given plan form, where a high degree of accuracy 
was desired and where ease of application assumed lesser iirqjortance , 
the Fallmer method was heat. However, for a general study of a 
variety of plan forms the Welsslnger method appeared heat suited 
since good accuracy could he had at a 90 percent saving in computing 
time. 

Accordingly we have utilized the Welsslnger method to Investi- 
gate the loading and associated aerodynamic characteristics of a wide 
range of plan forms. Figure 2 pictures the range covered hut does 
not Indicate the number of plan forais considered. Actually the 
characteristics of about 200 wings were calculated^ The general 
range of variables included sweep from 45° forward to 60° back, 
aspect ratios from 1.5 to 8.0, and taper "ratios from 0 to 1.5* The 
structural feasibility of the various shapes was used as a rough 
guide in selecting the limiting values of the geometric parameters. 

The results of this Investlgstlon are found In reference 2 . 

Charts presented In this reference allow a ra,pld and simple deter- 
mination of the most important aerodynamic characteristics of any 
wing haying a plan form falling within the range of this study. 
Aerodynamic characteristics which can be read directly from these 
charts Include the span- loading coefficients, spanvlse center of 
pressure, lift-curve slope, and aerodynamic center. These parameters 
are given as a function of sweep for families of aspect ratio and 
for various taper ratios. Sufficient values of aspect ratio and 
taper ratio were chosen to allow rapid and accurate interpolation. 


San 5 >le charts taken from reference 2 are shown. In figure 3* 
the sake of clarity in this presentation, the data shotm have teen 
limited to one taper ratio, to a few aspect ratios, and, in the case 
of spanwlse loading, to one spanwise station. In the reference paper, of 
course, data are given for a complete range of these geometric 
parameters. The sin^jlicity of obtaining the desired characteristics 
is obvious. The chart showing the characteristics is entered at the 
proper value of sweep of the quarter-chord line and the desired 
value of the characteristics obtained directly. In this tsanner it 
Is possible to obtain the wing-loading coefficient at four spanwise 
stations, the lift-curve slope,, the spanwise center of pressure, and 
the aerodynamic center. Aerodynamic characteristics obtained from 
these charts have been correlated with experimental results, and in 
general the agreement is good. Strictly speaking, the method applies 
only at zero lift. However since the aerodynemlc charscterlstlca 
are in general linear up to angles of attack where separation 
occurs, the theoretically predicted characteristics can be used with 
good accuracy up’ to this point. Specific correlations of lift- 
curve slope and aerodynamic center measured at zero lift will be 
discussed later. 

Most of the qualitative effects of sweep end taper ratio on 
span loading are not new and hence will not be discussed in this 
paper. Hewever, one of the moat interesting results of this investi- 
gation- showed that, for each angle of sweep there is a taper ratio 
for which aspect ratio has little effect on the span loading and 
for which the span loading is practically elliptical. This relation- 
ship is shown in figure U. As the wing is swept forward more inverse 
taper la required, and as the wing is swept back more of the usual 
type of taper la required. Because of the elliptic loading, minimum 
Induced drag and maximum lift-curve slope are obtained for wings on 
this line. For plan forms falling on this line, aspect ratio had no 
effect on the loading. For plan forms above the line,, loading moves 
outboard with increasing aspect ratio, and, conversely, for. plan 
forma below the line, loading moves inboard with increasing aspect 
ratio . 

. Two of the characteristics found, directly from the Welsainger 
method, lift-curve slope and aerodynamic center, are of partlcula.r 
value because of their iagjortance in longitudinal stability ana-lysis 
and design. Since they are so important the accuracy with which the 
Weissinger method predicts these characteristics and the effects of 
plan form on these characteristics as predicted by the Weissinger 
method should be examined. 



In figure 5 "the theoretical and experimental ••alues of 11ft- 
CTirve slope are correlated for a number of random plan forms . Where 
sufficient clearejice "between points existed, the wing plan forms 
hfi.ve "been superimposed. Included In this correle.tlon are triangular 
wings, hi ^17 swepfbaclc wings, swept forward wings, and wings with ■ 
inverse taper. Most of the ea^erimental data imire 'talren from refer- 
ence 3 and the remainder fi-om other American papers. Deviation from 
the line indicates the eirror of correlation. On the average, 
this deviation is less than 3 percent. Although not shown herein, 
we have also con^iared the lift -curve slopes of unswept wings as 
estimated "by the Welsslnger method ^nd by the method employing the 
modified Jones' edge-velocity correction, and the agreement Is 
nearly perfect, ■ , . ■ 

A similar correlation for aerodynamic center Is given in 
flgixre 6 . Experiment and theory do not show as good agreement for 
this parameter as for the lift-curve slope.- There is no clear 
systemp.tic variation in the correlation with plan form, and most of 
the discrepancies in correlation are of the order of the accuir.cy 
with which the aerodyns.mlc center usually can be determined by experl •• 
ment. In any event, for 75 percent of the plan fomia the discrepancy 
is less than 2 percent of the M.A.C,. which discrepancy Is small 
compared to the effects of plan form. It is our belief that the 
"Welsslnger method gives both lift-curve slope and aerodynamic center 
with sufficient accuracy for use in preliminary design studies. 

Sample charts of lift-curve slope are shown in figure ?• Lift- 
curve slope Is given as a function of sweep, for taper ratios of 6 , 

0 . 5 , and 1.5 and for aspect ratios of 1.5, 3 - 3 } ^'1 and *>. Many of 
the curves hs.ve a^ln been omitted for clarity. The curve for 
infinite aspect ratio in each case is obtained from simple sweep 
theory and hence is a cosine curve , Note that in each case the 
effect of aspect ratio falls off with incj'ease In sweep. Also note 
that for low aspect ratios, small angles of sweep have little effect 
on lift-curve slope. As the wing approaches a more pointed plan 
form, the lift-curve slope increases on sweptback wings and decreases 
on sweptfo’''V 0 .rd wlngs^ while inverse taper reduce.-? lift -curve slope 
on sweptback wings, and, increases it on sweptforwe.rd wings. On highly 
swept wings this effect Is of such magnitude that taper ratio exerts 
as great eui Influence on lift-curve slope as does aspect ratio. Thus 
in any theoretical approach the importance of including the effects 
of taper rstlo is obvious. 

Figure 8 presents aar^ile charts of the aerodyne.mlc center which 
is .also plotted as a function of sweep for taper ratios of 0, 0.5i 
and 1.5 and for aspect ratios of 1.5, 3.5, and 8.0. For the plan 
forms investigated, the aerodynamic -center location ranged from as 


far forward aB 15 percent of the M.A.C. to as far 'baclc as 40 percent 
of the M.A.C. In contrast, the aerodynamic center on unswept wings 
is seldom more than 2 or 3 psrcent of the M*A.C. from the 25 percent 
M.A.C. point. On hi^ly tapered wings sweephack moves the aerody- 
namic center reanmrd and sweepfoiward moves it forward. As taper is 
decreased, the trend is revei-sed so that, on wings having inverse 
taper, ^eepljack moves the aerodynamic center forward while sweep - 
forward moves the aerodynamic center hack. The magnitude of this 
movement in each case la generally increased "by increase in aspect 
ratio. 

As stated earlier, lift-curve slope and aerodynamic -center 
location are Important in longitudinal stahlllty analysis. That the 
Velsslnger method can predict values of these characteristics with 
sufficient accuracy for preliminary design has "been shown. One other 
parameter must hovrever he evaluated to cort^ilete the longitudinal 
stahlllty analysis, and that par?.meter is the downwash in the loca- 
tion of the- tail. The Velsslnger method can readily he extended to 
compute downwash in the plane of the vortex sheet. We are at present 
evaluating the accuracy of the davnnwash results obtained in this 
manner hy checking them with experimental data. Preliminary results 
of such an evaluation are given in figure 9« The maximum downwash 
angles as predicted and measured in a vertical, plane approximately 
30 percent of wing semispan out from the plan of symmetry are shown 
as a function of angle of attack for five swept wings tested in the 
Ames UO- hy 80-foot tunnel. For these wings, theory predicts the 
variation of downwash with angle of attack within 20 percent of the 
measured value. Insufficient con5>arl sons have been made to date, 
however, to warrant generalizations as to the accuracy of this method 
for a wide range of plan forms. In our present investigation we 
plan to establish this accuracy, ln5>rove the method where possible, 
and then extend the method so that downwash may he determined at 
points above and below the vortex sheet . 

All the results obtained through use of the Welsainger method 
apply only to incompressible flow. However, through an application 
of the Prandtl-Crlauert rule, it is possible to account for the effects 
of compressibility on. span-loading characteristics for speeds below 
the critical speed. The method, which has been summarized in some 
detail in reference U, translates the effect of compressibility into 
an effective change in plan form in addition to the well-known 
Increase in section pressures. 

It la apparent that, if such an approach serves to predict 
accurately the effects, of compressibility, it can be used in con- 
junction with the subject paper to give a rapid estimation of the 
characteristics of wings throughout the Mach number range below the 



critical apeed. At each Mach numher the geometry of the wing vould 
simply he distorted in the proper inanner and new characteristics 
obtained from the charts. Only a few random experimental checks of 
this procedure have been made /but these cou 5 )arisons he.ve indicated 
moderately good agreement between theory and experiment. It is our 
plan to continue this study to establish the accuracy of the method, 
and, if necessary, search for means of improving the accura.cy. 
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Figure 1.- Comparison of theoretical methods for determining loading. 
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Figure 2.- Range of plan forms Investigated by Weissinger method. 
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Figure 3,- Sample charts of data obtained by Weissinger method. 
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CUEREHT STATUS C3F LOUGETUDIllAL aCABHITy 
By Charles J. Donlan 
Lengley Memorial Aeronautical Laboratory 


imODUCTION 


The purpose of this paper Is to focus 8.ttontlon on some recent 
InTeertlgations that have been concerned with longitudinal stability 
problems both at high speeds and at low speeds and to summarize briefly 
the ctirrent state, of affairs In regard to these problems. 


■ HIGE-SPEED PECSLEMS 
Static Stability and Control 

Recent Investl nations .— A mmier of longitudinal stability 
investigations of various alrplaiw configurations have been conducted 
at high subsonic Mach numbers in the Conaaittee * a high-speed wind tunnels 
.and at transonic Mach numbers up to 1,2 iitlllzing the KACA wing— flow 
method and the associated wind-tiamel transonic-bianp technlq.ue. These 
iwestlgations are contained in references 1 to 15 , and scans of the ■ 
configurations investigated together with the Mach number range for 
which data are available are summarized In figure 1. 

For the tailless configuration (a), Langley high-speed 7— by 
10-foot tunnel data for a sting supported model and for a semispan ■ 
model exist up to a Mach number of 0 . 93 , wing-flow data are 
available up to a Mach number of 1.20. The three sets of data are 
in general (jualitatlve agreement, although the increase in the lift— 
.curve slope with Mach number was somewhat more .rapid for the sting- 
supported tunnel model than for the semispan tunnel model and semispan 
wing-flow model. 

: r Configuration (b). wan, investigated as .a semispan wing-flow model 
and was aJ.ao tested on a transoialc bump in the Langley high-speed 7— by 
10- foot tunnel. This model is similar to the X3-1 model for which 
Langley 8-foot hi^i-epeed tunnel data are available to a Mach number 
of 0 . 92 . The agreen»nt between the data obtained by the wing-flow 
method and the transonic-bump method was satisfactory throughout most 
of the Mach number range. 

Model (d) was similar to model (b) except for the swept tall. It 
also was tested as a wing— flow model. 



Model (c) was Investigated on the transonic hump, model (e) as a 
semlspan model In the Ames l6-foot tunnel, and model (f ) was Investigated 
as a sting-supported model in the Langley 8-foot high-speed tunnel. 

Despite the fact that moat of the results available thus far are 
limited to relatively few configurations, it is interesting to observe 
in the data certain trends In' regard to the manner in which stability 
and trim changes with Mach number are manifested. 

Characteristic data. - Data representative of the variation of 
pitching-moment coefficient with lift coefficient for several Mach 
numbers for a straight-wing design are shown in figure 2. Althou^ , 
these data apply to the design indicated, similar trends in the data 
for other straight- wing designs have been observed. The data at M ■ 0.6 
are typical of the behavior before force break, and some comments 
regarding the pre die ability of the characteristics in this range is 
probably pertinent at this point. 

The Important changes in longitudinal stability for straight-wing 
designs at high Mach numbers are, of course, not indicated by formulas 
based on linear— pertiirbat ion theory. Such formulas, however, are useful 
in interpreting experimental trends at subcrltical Mach numbers. In 
conelderatlbn of the Mach number effects on a wing and tall combination, 
the trends’ indicated by the theory may be divided into three categories; 

(1) direct changes in the position of the wing aerodynamic center, 

(2) changes in the downwash at the tail, and (3) disproportionate changes 
in the lift-curve slopes of the wing and tail resulting from the differ- 
ences in aspect ratio. For a flat elliptic wing of aspect ratio 4, 
theory Indicates a forward shift of the aerodynamic center of only about 
1.4 percent at a Mach number of 0,8 (reference I6). However, forward 
shifts of the aierodynamlc center of 5 percent or more have been obtained 

i experimentally on stral^t wings at high Mach numbers particularly 
for those employing sections having large tralling-edge angles. At 
the present time, therofore, it appears that the changes in wing 
aerodynamic-center position with Mach number muav be determined experi- 
mentally even at subcrltlcail speeds. A limited amount of German data 
has indicated that this effect is minimized for pirffLii. trailing— edge angles . 

-The theories regarding the clauage in. downwash characteristics at 
the tall and the change in the lift— curve slopes of the wing and tall 
with Jfacb nxanber, however, appear, to agree fairly well with experiment 
at subcrltical Mach numbers (references I7 and I8). These two effects 
have indicated forward shifts in the neutral point of the order of 
5 percent in some cases. At Mach nmbers approaching that of force 
break and at st5>ercritical Mach numbers, recourse must be made to 
experiment. 
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Marked changes In tlie -Tarla.tlon of the- basic ving-fueelage pitching 
momeiit with llft eoefflclent ls^ apparent at a Mach nurabef of 0.9&5 
®»933,/ and the appearence of flat spots in the reatdtant pitching- 
momsnt curve In the lower lift range is somewhat characteristic for this 
type of design at' supercritical speeds. In many Instances local reversals 
in slope have been encouirtered, particularlj^ for different ^^ab ill zer 
and elevator settings. The nohparallellam of the pitching-moment curves 
in this range for the different stabilizer settings is significant and 
evidences the nonlinear contribution of the tail to stability. Conse- 
(luently, in evaluating the stability .characteristics of a design possessing 
rihnllnearltles of this kind. It is essential, of course', to consider 
conditions at tail settings in the vicinity of trim at the particular lift 
coefficient in (jiiBstton and also the llft-coefflcient range' over which the 
•nonl’ii»arlties ejctend. 



Similar data for a sweptback talHess configuration are shown in 
figure 3. The data for M a 0*7 dnd 0.95 were obtained froa Langley 
high-speed 7— by 10-foot tunnel tests of a semiapan model. The data 
for M a l.GO ' were obtained frcm wing-flow tests of a smaller model. 
The increased slope of the pi'bchlng-mament curves at the higher Ma'dh 
numbers Is again s'vldent. At M a 0.95 the control effectiveness 
has been considerably reduced and appreciable trim changes occur, but 
■the vicious changes in stability that are frequently manifested by 
straight-wing designs at supercritical speeds are absent. 


^1^ effect that sweepback can have on delaying the ^ch number 
at which significant trim changes and stability changes are nanlfaatel 
is further Illustrated in figure h. The straight-wing design and the 
tailless design; are the configurations for which typical data have 
been presented (figs. 2 .and 3), The model with a U5‘^ swept wing ai3d 
tall. was. an .arbitral^ conflgurattc» Inveertlgate'd on the transonic bump. 
In .Evaluating this control settings required for trim at the various Mach 
numbers , dpproprlatS fll^t plans at altitude were aSsumsd for each 
configuration. It is" interesting to note t^ manner in which the 
initial trim changes ha.ve been postponed to higher Mach numbers for the 
awetrt configurations aiid in particular the extremely small trim changes 
associated with the 45° configuration. Above their respective critical 
speeds, both the straight'^lng design and the tailless configuration 
manifested irregular trimt- changE«> "It is desirable, to keep trim changes 
as small as possible, adthougsh the amount of trim change that can safely 


be tolerated depends to a considerable- extent on the type of stability 

8 lS 80 CtL 8 <^Qdi Wii/il * ----Si v*« ^ vmt /» ^ +1 ^ "flVA 


For the straight-wing configuration two boundaries 


are presented for the parameter ( supercritical speeds. The 


lower ‘boundary 1s associated with the local flat spots in the pitching- 
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moment dAta ’previously diaciaeed. (fig. 2). irhese flat si>ots extended 
over a llft-icoeff iclent range of less th^ 0.1 and ere relatively * 
Unimportant ftr the; partlciilAf flight plan en^jloyod for this example, 
inasmuch- as the minimum lift coeffloient etfaliied is about 0.2i The 
response of the airplane to -disturbances necessary to effect accelerations 
of the ordo’r of 2 or 3 g*s is probably more nearly associated with • 
some value between the two' boundaries.' • 

For the 35® swept design, this parameter Is more precisely 
determinable and does not change appreciably up to a Mach number 
of 0,08, althougjh It also Increases • rather rapidly at the higher super- 
critical Mach numbers. 


For the 450 swept configuration, changes In the peraroter have 
been delayed until a Mach nimiber of abo\it 0.95 has been reached and 


then ■— 



Increases rather gradually, mils comparison illustrates 


the need for ei^oying a, l^ge degree of sweepback jf trim and stability 
changes in the transonic region are to be minimized. 


Two factors greatly affecting the value of 



are. the wlng- 


ftaelage-aerodynamlo-center. position and the downwash at the tall. 

The manner in which these factors changed with Mach number for the. 
straight-wing design and the 45® swept design. are shown in figure 5, 

' . The large variations in tpe local position of the wlM—fuselage— .. 
aerodynamlo-center position ^ denoted by — ] ti^l off] for the 

■fftral^t-wlng design la imniedlatoly apparent, and this variation la' 
reflected in the behavior of. the tall-on results, although the magnitude 
of the- fluctuations has been, decreased because of the increased tall 
effectlveneea effected by the reduction in at the tali’ at the 

at^rcrltlcal Mach numbers. ' 

f PF. .swept . cpnf igur^tlc^^ the wirigrfulaelage-aarodyhamlc- 

position varied caily'a aiali''aiw and the Increase in. 

(tail on) at the higher Mach number was largely due tc? the ' 

increased tall effectiveness catsed by the reduction in downwash slope 
at the tall. 



105 


The paraoeter 


(SI 


also Influences to some extent the /ro<iuenc7 


of the short-period longitudinal oscillation. Some computations for 
a few characteristic deslsns were made in order to observe the 3nanner 
in which this quantity affected the dynamic stability characteristics, 
and the results of the caaputatlons for a tailless design investigated are 
presented In figure 6. It is Iraredlately apparent that altitude has 
a pronounced effect on the period of the oscillation and that the 
period becaaea shorter as the speed Is increased. The period varies 

/3q \ 

in a somewhat hyperbolic manner with j ■-— } so that for tho values 

vacL/M 

less than 0,05 the period will Increase very rapidly, whereas 



for values of 




greater than 0.15 the period will change only 


slightly. Tho ln^ortance of the frequency of the short-period oscillation 
will probably have to await fll^t experience. Inasmuch as it will depend 
to sane extent on the damping characteristics. It will be noted that, 
whlle the damping, as evaluated by the number of seconds to damp 
to 1/2 amplitude, depends to a considerable extent on altitude and speed 

It la Independent of the parameter Influenced significantly, 

however, by the damping In pitch, and for airplanes with a tall the damping 
will be more 'rapid than that indicated here . ?or a particular design 
the characteristics of the short-period oscillation can be rapidly 
evaluated Inasmuch as one needs only to determine the roots of the second- 
degree equation usually associated with this mode of the longitudinal 
motion. 


LCW-SEEED PROBIEMS 

• Staitlc Stability in Hi^ Lift Eange 


One of the factors that has limited the amount of sweepback that 
can be beneficially employed on transonic desl^is has been the difficulty 
.of prqvldd^ satisfactory, stability and. control characteristics in 
the landing condition, 

Basic ving-characte.rlstlcs .— At lift coefficients prior to that 
at which separated flew ensues on the wing, the position of the aero- 
dynamic center of the wing can be estimated fali-ly reliably, and 
a paper . 'entltled”'Predicti on of the Aerodynamic Characteristics of Wings 
of Artltra^ Finn by Victor I . Steveiis dealing with this subject 


/ 


has already hesn presented. The shift In the aerodynamic-center 
position that occurs at high lift coefficients is less aiasnahle to 
theoretical computatlona, and numerous expertont^ investigations have 

heen concerned with tMs effect , From_ t ^ data exai^ne d, th us far it 

appears that aspect' ratio and mreep ejof^ are still the two most 
la5>ortant factors that Influence the type of pltchlng-moment variation 
to he expected at the stall. The familiar manner in which sweep angle 
and aspect ratio affect the character of the pitching-moment variation 
at the stall is Illustrated in figure 7, which is talcen from reference I9. 
Comhlnations of sweep and aspect ratio that fall shove. the line on the 
figure have heen found to yield the characteristically unstable pitchln®- 
monient variation indicated. Other factors ^h as airfoil section, wing 
taper, Beynolds number, and surface roughness have been foxmd to 
Influence the lift coefficient at which Instability, is first manifested, 
hut the ultimate variation at that stall has still "teen foimd to he 
consistent with that Indicated caa the figure. 

While figure 7 reflects the behavior of plain wings it has heen 
found timit the addition of t railing-edge flaps has resulted in an 
unstable pitchlng-momsnt variation even for wings falling in the stable 
region on figure 7. A considerable number of investigations have 
therefore been concerned with the develoi»Dent of devices designed to 
alleviate the tip stalling that is responsible for this behavior 
(references 20 to 24). 

Stall control devices. — At the present time stall control devices 
have been successfully applied to wings with leading-edge sweep angles 
up to 42°. Some of the results of an investigation (references 20 and 21) 
covering the effect of stall control devices on the pltchlngs-moment 
characteristics of a 42® sweptback wing equipped with a split flap are 
shown in figure 8, This wing has an NA.CA section and an aspect 

ratio of 4. This investigation was conducted in the Langley 19—foot 
pressure tunnel at a Beynolds number of about 6,840,000. The basic 
vln^fuselags conibinatlon exhibited an unstable pitching-moment variation 
at the stall. The addition of leading-edge flaps of the type indicated 
covering about 60 percent of the span resulted in a stable break of the 
pitching-moment curve at the at all, and this t3rpe of leading-edge device 
was the .most satisfactory tested. Similar effects were also obtained 
^■^tlk a. leadlng^dge slat arrangenent which covered , 60 percent of the 
span except for a small region of instability Just before Ci^^. This 

unstable region was removed by the addition of a fence located at the 
Inboard end of the slot. This effect is somewhat typical of fence 
behavior. If .located properly, fences, in general, have been found 
helpful in minimizing local unstable variations in the pitching— 
moment curve to the' maximum lift coefficient but do not appreciably 
affect the ultimate character of the pitching-moment variation at the 
stall. 


Effect of fttselagg »— percent span of leading-edge flap or slat 
req^ulred to effect satisfactory pitching-Bioinent tehavior at the stall 
depends sosnewhat on the size of the fiAsolaige to which the wing is 
attached and, to a leaser ext-ent, on the position of the wing on the 
■fuselage. The effect is Illustrated in figure 9 (reference 21 ). The 
configuration represented "by 0.5T5 leading-edge slots is the saine wing 
configuration dlscusoed in figure 8 and the fitselage is aeon 
to hare little effect on the character of pltching-ffiouent variation 
at the stall. When the leading-edge flap span was increased to 0.725j, 

however, the wing-fuselage oomhinatlon was unstable at the stall, 
wheireas the wing a-T-n™* still ejdiiolted favorable characteristics. Si mi l a r 
results were obtained for a high- and low-wing arrangement. It appears 
from tuft studies of these configurations that the flow over the fuselage 
delays the stalling of the center section to such an extent that initial 
separation again began over the flapped portion of the wing. 

Effect of tall location .— Thus far we have discussed only the 
characteristics of the basic wing— fuselage combination. The addition 
of a tall adds f\rrther ccMnplications but, in general, it has been 
found that stable behavior of the resultant pitching-moment at the stall 
is most lllcely to be achieved when the basic wlng-fiiselage pitching 
moment exhibits a stable variation. The location of the tall, however, 
is an important consideratl<xi and the effect of adding a tail to the wing- 
fuselage configuration with 0.575^ leading-edge flaps and 0 . 50 * tralllng- 

ed^ flaps is shown in figure 10 (reference 22). 

A study of these data indicate that the most satisfactory pitching- 
moment behavior at the stall was actually achieved with the low tall 
position by virtue of the decreased rate of change of downwash associated 
with this tall location. This low position was close to the at tha 

wing waie, however, may be objectionable from other conaide rat ions. 

The more desirable midtail location possessed a local region of instability 
Juist before which was removed by the addition of a fence. 


CONCLUSIONS 


In, recapitulation, the following generalizations can be made; 

1. The incorporation of largo amoTUits of sweepbaclc on both the 
wing and the horlzonteil tall has been found to increase the Mach number 
at which trim changes and stability changes are first manifested and 
to greatly reduce the trim changes and stability changes encountered 
at supercritical speeds. 



2. LongltTidlnal stability in the landing ccjndltlon has been attained 
for configurations with swe&p angles of the order of ^4-5° utilizing 
various stall— control devices, but at the present time optiatum arrangements 
for these devices must be determined experimentally. 
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PITCHING CHARACTERISTICS OFA STRAIGHT-WING DESIGN 

Figure 2 . 
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EFFECTS OF SWEEP OH CONTROLS 
I - EFFECTIVENESS 

By Jotin G. Lowry and Harold I. Johnson 
Langley Memorial Aeronautical Laboratory 


INTRODUCTION 


The design of controls for unswept wings that fJy at low speed 
has-been discussed in several papers (references 1 to 7) • The design 
procedures set forth In these papers are adequate to allow for the pre- 
diction of control characteristics within small limits.. However, with 
airplane speeds approaching and sometimes exceeding the critical speed 
of the wing surface, these low-speed characteristics are drastically 
changed. This paper will use the results of about 25 investigations 
(references 3 to 23) to indicate the natiare of these changes and to 
discuss the design of controls on swept wing. 

At the present time. Information on the behavior of controls in 
the transonic speed range Is too meager to permit the de'^elopment of a 
rational design procedure that applies at transonic speeds. Because 
of this situation, the design of control surfaces for transonic air- 
planes must still be based primarily on low— speed considerations. At 
the seme time, however, the experimental results that are avalJ-able for 
transonic speeds Indicate certain trends which should be kept In mind 
In order to reduce the unfavorable effects of compressibility at high 
speeds. With this thought in. mind, therefore, some of . the Important 
experimental data at transonic speeds will be discussed and a design 
procedure baaed cn low— speed data will be presented. For convenience, 
the discussion will be divided. Into aileron effectiveness, lift effec- 
tiveness, and pltchlng-moment effectiveness. However, It should be 
realized that the parameters are closely Interdependent and hence, if a 
certain geometric design feature causes a particular change in one of 
the parameters. It will usually cause a corresponding change In the 
others. 


•.•V AILERON EFFECTIVENESS 
Effects of Compressibility 


Effects of sweep .- Information on the effect of sweep on aileron 
effectiveness at high subsonic speeds was obtained recently from tests 
In the Langley 3-foot highspeed tunnel (references 3 and 9) • These 
tests were run on a wing of NACA 65—210 section which for the unswept 
case had an aspect ratio of 9-0, a taper ratio of O.ii, end a 20- percent- 
chord plain aileron covering 37 . percent of the wing seinispan near the 
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tip. In order to obtain the svept-^^lng ccnflguratione, the straight 
wing was rotated about the 40— percent— root— chord point SLnd the tips 
extended so that they were parallel to the alrstream. This procedure 
changed somewhat the aspect ratio, taper ratio, and wing section parallel 
to the stream direction but retained the advantages Inherent In testing 
the same model at different angles of sweep. Some tyolca] results from 
the Investigation are shown in figure. 

Here we have the change In rolllng-^noment coefficient produced by 
20*^ change in total aileron angle plotted against Mach number for the 
straight wing end for the two wings sweptback 32.6° and 47.6°. It is 
noted that the ailerons on the straight wing remained fully effective 
up to the critical Mach number of the wing which was 0,73 ah design lift 
coefficient. Beyond the critical Mach number the ailerons continued t 0 
lose effectiveness up to the highest test Mach number of 0.925* This 
large loss in rolling-moment effectiveness at supercritical’ Me.ch numbers 
Is apparently a direct reflection of the generally large loss In lift 
effectiveness of tralling-edge control surfaces on straight airfoils 
at supercritical Mach numbers . The effects of sweepback are Seen to 
be twofold. First, the aileron, effectiveness, before compressibility 
effects appesir. Is reduced approximately by the factor cofl^ in 
accordance with the simple theory of the effect of sweepback on flap 
effectiveness. Second, the Mach number at wjilch compressibility effects 
first appear Is raised by sweeping the wing back. For example, the 
aileron on the straight wlrig began to lose effectiveness at., a Me.ch num- 
ber of about 0.7, that on the 32.6° eweptbeck ;^lng at a Mach number 
of 0.8, and that on the 47.6° sweptback wing at a Mach number of 0,9. 

It might, be no’ted also that the drop-off in effectiveness due to com- 
pressibility effects becomes less abrupt as the sweepback angle Is 
Increased.- These data show the desirability of resorting to sweepback 
in order to. ’delay the loss In aileron control effectiveness that occurs 
at high subsonic speeds. 

Some q.ualltatlve data on the effectiveness of allerohs at Mach 
numbers between .the critical and I.3 have been obtained by the Langley 
Pilotless Aircraft Research Division (reference 10) and are shown in 
figure 2. In these tests rocket-propelled test vehicles were fitted 
with low-aspect-ratio wing of NACA 65— series section having 20— percent- 
chord sealed ailerons deflected about 5° parallel to the relative wini . 
From continuous measurements of the rolling velocity and speed of the 

missiles the roillng-effectlveness parameter ^ was determined as a 

function of Mach number. It should be noted that this parameter ^ 

depends on the wing damping moment due to rolling as well as the aileron 
effectiveness so that some of tHe results are only qualitative with 
regard 'to aileron effectiveness. However, the results probably Indicate 
correctly the effects of the’ various major design parameters on aileron 
effectiveness at transonic speeds. In figure 2 we have plotted the 
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^ per degree of aileron deflection against the flight Mach number. 

It is seen that for these wings of 9— percent thlclmess and aspect ratio 
of 3 the unswept configuration experiences a sudden serious loss In ■ 
aileron effectiveness at Mach numbers around 0,925. Because of the 
effects of rotational Inertia of the rocket-propelled body and the 
longitudinal deceleration during these tests, the actual loss in effec- 
tiveness was somewhat greater than Is shown by the data. As the sweep- 
back angle is increased, the abrupt loss In effectiveness grows smaller 
until at a sveepback angle of 45° there appear to be no sudden changes 
in effectiveness through the transonic range. The aileron effectiveness 
at supersonic speeds la much less than at subsonic speeds for all sweep- 
back angles, the difference being greatest for the unswept wing and 
least for the most highly -swept wing. 

Effect of thickness .- Other rocket tests (reference 10) have shown 
that airfoil section thickness appears to have a major effect on the 
loss in effectiveness of controls in the transonic range. Figure 3 
Illustrates this point. Here we have teats of two NACA 65-series 
symmetrical airfoils of different thickness ratios at an aspect ratio 
of 3.0. The 9-percent-thlck section exhibited an abrupt loss in effec- 
tiveness at a Mach number of 0.925> 6— percent— thick section, 

although showing an equal loss in effectiveness fPcmi Mach number of 0.9 
to 1.3, does not show the discontinuity at Mach numbers of about 0.9. 

Data for sweptback wings simller to that shown here Indicated that ■■ 
for 45° sweepback, sudden changes in control effectiveness In the 
transonic ^eed range will be avoided If the thickness ratio is less 
than 10 or 12 percent. These data apply for deflections of 5° and 
therefore may not represent the variations for smaller deflections. 

Effect of aspect ratio .- The effect of aspect ratio at 45° sweep- 

back as determined from rocket tests (reference 10) Is shown In figure 4. 
The control on the airfoil of aspect ratio 1.75 vas considerably more 
effective than that of the airfoil of aspect ratio 3«0. This may very 
well ba largely an effect of change In the damping moment due to rolling 
of the airfoils. The same trend in control effectiveness with aspect 
ratio was observed also on \mswept airfoils of aspect ratio 1.75 and 3 -O- 

Effect of tralllnff-edge angle .— The trailing— edge angle of contro Is 
also.: appears- to determine tO" . a, largs extent the, behavior of ailerons at 
transonic speeds. Some results from the Langley 8— foot high-speed tunnel 
(reference 8) and from the Ames l6-foot high-speed tunnel are shown In 
figure 5. This figure shows the rolling moment produced by aileron 
deflection for several wings at 2° angle of attack and at Mach numbers 
of about 0,85. We see that the aileron with a 20° tralling-edge angle 
on the unswept 12— percent— thick wing showed a reversal in effectiveness 
for the up-going aileron. This, reversal, of effectiveness extended to 
deflections of 10°, the largest tested. The aileron with the 11° tralling- 
edge angle on the unswept 10— percent— thick wing did not however show any 
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reversal even at slightly higher Mach numbers. Sweeping the vlng with 
the large trailing— edge angle back as shown in this figure, also 
eliminated the reversal In effectiveness over the complete deflection 
range. Other Ames l6-foot high-speed— tunnel data (reference l6) 
Indicate, however, that the tralllhg-edge angle of controls on swept 
wings Is also critical'. For example, 'alJerona with l6.4° trail Ing-edge 
angle on a 37® sweptback wing showed serious decreases in effectiveness 
with Mach number, whereas reducing the tralllng-edge to 11 . 2 ° alleviated 
the large decrease In effectiveness. These results indicate two things: 
first, that the tralllng-edge angle is important and should be kept as 
small as possible, and second, that sweeping the wing will reduce but 
will not necessarily eliminate the adverse effects of large tralllng- 
edge angles on aileron effectiveness. 


Aileron Design 

Experimental results .- From the discussion thus far we see that the 
main effects of sweep are to delay the adverse effects of compressibility 
to higher Mach numbers and to reduce the magnitude of theSe effects when, 
and If, they do occur. In order _ to determine to what extent the design 
procedure for controls on unswept wings would have to be modified for 
swept wings, a aemlspan wing with an aspect ratio of 6 and taper -ratio 
of 1/2 was tested in the Lan^ey 300 MPH 7~ by lOr-foot tunnel, unswept 
and with three sweep angles (reference ll) . The. wing was equipped with 
a yariable— span, plain-sealed, 20— percpnt-chord aileron. 

The variation, of the rate of change of rolllng*^iioment coefficient 
with deflection with span of aileron for the various eligles of 

sweep Is shown In figure 6. The aileron for this Investigation extended 
Inboard- from the tip but the data are applicable for other aileron loca- 
tions. The variation of Ci with sweep shown here also includes the 
. • ^ •’o 

effect of aspect ratio which varied frm 6 for the straight wing to 3-^3 
for’ the 51»3° swept wing. It will be noted that as the sweep is incieased 
and the aspect ratio decreases, the values of Ci^ decrease' considerably 
and,, that this decrease is even greater for ailerons located near the 
wing tip. It should be remembered, however, that these data are for 
low Mach numbers and Re.ynolds number of about, 2 x 10^, In order to 
:,fljaka,thi8, chaa^ of a more general'naturo,- the data were reduced to the 
■form'more generally used — that is, the change in rolling moment for 

unit change Ifa angle of attack over the aileron suan r— . In mekinp: 

CJJ. 

this reduction it was necessary to establish a nomenclature for swept 
wings. ■ In order to be consistent with established procedures, the chords 
and spans of the swept wings are measured parallel and perpendicular to 
the plane of symmetry and -the sweep angle Is that of the wing leading 
edge (see fig. 7). The control surface deflections are measured in a 
plane perpendicular to the control hinge line. When the "unswept" wln.g 




panel la referred to. It will represent the wing that would be obtained 
if the swept wing were rotated about the mldpdlnt of the root chord 
until the 50“PQi*cent-chord line is perpendicular to the plane of symmetry. 
The tip is cut off paral3.el to the plane of symmetry. The chords in 
this case are meaatured perpendicular to the 50^percent-chord line. 

(The unswept spans and chords are primed in fig. 7«) 

Design procedure .— In reducing the data of figure 6 from Cig to 

— as shown in figure 8, the values of 0 t_ at each spanwise station 
dot n O , ■ 

were divided by cos'^A and the value of flap effectiveness parameter, 
ctg for the "unswept" wing panel. It will be noted that this method 
brought the curves together for large-span ailerons and for ailerons 
on wings swept leas than 30®. 'The curve for A » 0® to 30® agrees 
with the theoretical curve (reference 2) for the same aspect ratio 
and taper ratio as the unswept wing. Short-span tip ailerons show, 
howev^, a loss in effectiveness for the higher sweep angles and 
indicate that on highly swept wings a partial-span aileron located 
slightly inboard will give more rolling moment than the same aileron 
located at the wing tip. 


In using this chart for design purposes. It is necessary to correct 


c 

the values of ^ for aspect ratio, taper, and flap chord. Aileron 
effectiveness C7- is obtained by using, the formula at the top of the 

Cl ® 

figure where hi 13 obtained from the appropriate curve on this chart. 
The aspect-ratio correction is the ratio of ^ for the aspect 

ratio of the '‘unswept” wing to the value of ^ for aspect ratio 6 
(obtained from reference 2) and for taper ratio of I/2, TOe tapei>-ratia 


' -• C, 

correction is the ratio of the vetlue of AT.,;for 'the taper ratio 

' ■ c 

of the 'lina wept" wing to the value of ^ for taper ratio of 1 / 2 ; both 


values, (obtained from reference 2) are for aspect ratio 6. The flap 
effectiveness paremeter ou is based on the unswept-alleron-chord ratio 
(•see "reference 1) end A’-fs the sweep, of the wing leading edge. The 
values of .thus obtained are for low lift coefficients and. for 

small deflections^ and some changes will occur if either is varied cm — 
slderably. ■ . . ■ ' : 


Effect of deflection .— ..Figure .9 shows the ratio of obtained 

at large aileron deflections .to the values of C^g obtained from the 
previous figures. It will be noted that’ the loss In C2g for larger 

deflections Is less for the swept wing "than for the^ straight wing. The 
difference appears to be about the same as the difference in deflections 



of the alieroria' on the two wings measured in the stream direction. Thus, 
it wo'uld appear that larger deflect^ns can he used on swept wings which 
would tend to alleviate the low ef^ctlvensfl.s of the ailerons. The 
results of swept-wlng-aileron inv^tlgations Indicate that the effec- 
tiveness, as with straight ‘wings,, is relatively.- constant with lift 
coefficient ■ so long as no unusual or sudden changes In flow occur over 
the wing. • ■■ 

Comparison of estimated and test results .— In order to determine 
the reliability of this method In predicting for wings of. other 

sweeps, aspect ratios, and taper ratios, values of were estimated 

for lU wings and are, compared In figure 10 -with the measured v^ues.," 

Figure io Is a plot of C2. .. against Ci /.the solid line 

°est ■ ®teet 

Is the line of agreement. The scatter of points around the line of 
agreement Indicates that the method. gives good- agreement for these rather 
conventional sweptback wings, that is, wings of aspect ratio between 
2.5 to 6 and- taper. ratios between O.U to 1 . This method, however, can- 
not be expected to give as good results for all cases of swept wings > 
partlciilarly for those of extremely low aspect ratio and/or with extreme 
taper. 


, ' LIFT EFFECTTVENESS 

Effects of Ccmpressiblllty 

Effects of sweep .— The problem of control lift effectiveness is ■ 
closely related to the. problem of aileron rolling effectiveness. In 
the case of ailerons, we are interested in the rolling moment caused 
by the lift effectiveness of a control located some distance outboard 
on a wing. In the case of an elevator. or a rudder, we are interested 
directly in the lift effectiveness of the control, inasmuch as this 
lift effectiveness determines- how much elevator control will be required 
to pitch the airplane through its angle— of-attack range or how much 
rui^er cpELt|*ol ,.jflll^,be riaqu.lre^. to ,offs^ yawing momenta due., to the use 
of alleronsV .aajTnmetric power,- and so forth. Because of the close 
functichal relationship between eill the primary controls, therefore, 
one might expect to find that the effects of compressibility on the 
lift effectiveness of elevators and rudders will be largely the same 
as the effects of compressibility on the rolling-moment effectiveness 
of ailerons and- vice versa. Tlila expectation is-, borne out by an analysis 
of the available experimental data pertaining to ‘full-span controls that 
would likely be used as elevators and rudders. .Some effects of com- 
pressibility on the lift effectiveness of .such controls will be con- 
sidered now. • 


An examination of the data for full-epan control stirfaces on 
unawept airfoils, tested recently in the Langley 3-foot high-speed 
tunnel, the Langley l6-foot high-speed tunnel, and the Langley 2*4— inch 
high-speed tunnel (references 15 a^id 25 to 28) , permit two conclusions 
to he made regarding lift effectiveness at high auhaonlc speeds. First, 
below the critical speed of the airfoil the control lift effectiveness 
is essentially unaffected by compressibility effects. Second, at 
speeds slightly above, the critical speed the controls tested always 
experienced an abrupt loss in effectiveness which continued up to the 
highest speed tested. The data suggest 'that the control effectiveness 
for small deflections for these unswept configurations of conventional 
thlctoess wo\ild probably reverse at- Mach numbers, in the neighborhood 
of 0.9. 

Fiarther light is shed on this phenomenon by results obtained from 
wing-flow tests (references 12 and 13) > which are shown in figure 11. 
This plot shows the control-effectiveness parameter 02^, measured 

over control deflection, plotted against Mach number. Data are 
shown for an unawept configuration of 10-percent thiclcnesa, the actual 
sweep of leading, edge being 13°, and for a 35° sweptback .configuration 
of 9-percent thickness. It is noted that the control effectiveness 
for the unswept tall surface actually did reverse for small deflections 
at a Mach number of approximately 0.95* At hl^er Mach numbers the con- 
trol regained effectiveness for small deflections* Lt may be noted also 
that the sweptback configuration did not lose completely its control 
effectiveness at any speed up to a Mach number of 1.10, Actu a ll y , the 
control effectiveness of the sweptback configuration fell .off by about 
*40 percent from its low^speed value. Although these data were obtained 
at very low Reynolds number, that is, approximately one million, there 
is no proof that the phenomenon of control reversal shown by the unswept 
configuration will not occur also at higher Reynolds numbers, perhaps 
to a different degree. From figure 11 it should not be assumed that 
the unawept control hwd reversed effectiveness at all deflections. 

. 

Effect of deflection .- Figure 12’ will show how’ the lift produced 
by the control varies with deflection at different Mach nxambers for 
the straight tall siurface. One curve is for a Mach number of 0.35 
where the force break occurred, one is for a Mach number of O.96 where 
the control effectiveness .yaf .reversed, and one is for a Mach number 
of 1.6*+ where ’the control ibad regained eff'Sdtlveftaes at all deflections. 

It should be noted that, although the flap gave a net loss in lift 
between deflections of rJ4-° and 1*9 at a Mach number of O.96, as was 
shown in figvire 11 by the negative value for at higher deflec- 

tions, the flap produced lift in the proper direction. Hence, it woiild 
probably be possible to use such a control for trimming in combination 
with an adjustable stabilizer or an adjustable fin at transonic speeds. 



but it la believed everyone would object to such a control because of 
the illogical type of control motion it would introduce. In this con- 
nection, however, floating-model tests of very thin unswept airfoils 
have not shown reversed control effectiveness at transonic speeds for 
the moderately small deflections that were tested. Hence, it seems 
premature to condemn completely the use of unswept configurations at 
transonic speeds. Much more data is needed to determine the effects 
of airfoil thickness, of flap tralllng-edge angle, and of possibly other 
geomotric parameters on the flap ef fee tlveness of unswept tail surfaces. 
For the present time, however, we know that the flap on the 9-percent- 
thlck, 35° sweptback tall surface showed no signs of complete loss of 
effectiveness even for small deflection at any speed up to a Mach 
number of 1.10, the highest Mach number reached. 


Design Procedure 


Since the control lift effectiveness la so closely related to the 
aileron rolling effectiveness, the. design of controls such as elevators 
on tailless aircraft will not be discussed in detail. The lift effec- 
tiveness parameter however showed about the same’ variation with 


sweep as did the aileron effectiveness; that is, thejre was a decrease. 

in Ct with increase la sweep and decrease in aspect ratio ( see 

"6 ■ ■ " 
flg*i 13) « Reducing these data to eliminate the sweep angle and flap 

chord by dividing- the values of at each spanwise station by ■ • 

cos^A and.'. CQ of ’the "unswept" control brought the curves together 
except for the 'small— Span controls on highly swept wings which again 
showed a loss in effectiveness (see fig. ll4-) . The values of Cl5 


other wings equipped with tip controls may be obtained in a manlier 
similar to the .aileron -effectiveness, except that the aspect-ratio 
correction is the ratio of the lift-curve slope for the "unswept" wing 
to the lift-curve. slope for aspect ratio 6 (ff 3 )(aee fig. Ih) . As with 
aileron effectiyeneas, the reliability of this method was checked by 
estimating for nine- wings and comparing with the measured value 

of Good agreement was obtained for all wings except two for which 

the control was located other than at the tip. Since unswept lift data 
indicate the lift effectiveness is different fer controls starting at 


the’ tip' than' for those starting' at the- root, this- disagreement would - 
probably be expected. Thus, In addl-tlon to the re'striction placed cn 
the method of prediction of aileron effectiveness, that is, aspect 
ratio and taper ratio, we must also limit this method to controls start- 
ing at the wing tip. 
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, PITCH EFFECTIV1NE3S . 
Effects of Compresal'billty , 



In addition to a knowledge of the effects of compressibility on 
aileron characteristics and lift effectiveness, the designer of a 
high-speed flying-wihg-type airplane needs to know what the effects of 
compressibility will be on the pitching moment produced by trailing- 
edge flaps. Here, the emphasis is on sweptback configurations almost 
entirely because of the necessity for providing a reasonably large, 
allowable, center-of-gravlty range together with a reasonably high, 
trimmed, maximum lift coefficient. Some data showing the effects of 
compressibility on the pitching-moment effectiveness of longitudinal 
controls on sweptback wings are shown in figure 15. 


This figure shows the pitching-moment parameter 


plotted 

mg ^ 


against Mach number for various sweptback wing-flap combinations 
(references 12 and 14). The pitching-mcment slopes shown here are with 
reference to a point at 17 percent of the mean aorodj’’naiDlc chord of 
each of the wings. This point was found to be the low— speed aercdynaml c- 
center location for the isolated wings, having 35^ aj'-d 4p° of sweepback 
and an aspect ratio of 3> which are shown in this figure. It is seen 
that the effects of compressibility on pitching-moment control are 
relatively small, at all speeds tested which are up to a Mach number 

oC i.l. The mflxliiumi loss in effectiveness of the chord plain 

- 1 . 4 

flap on the 35® weptback NACA 65-009 airfoil, which was the orJ.y con- 
'figuration tested through the speed of sound, was abouf: 30 percent. 

. •Par^al-ap^ on the tapered 35° sweptback wing show a similar 

■ tendency VtO'lpsa,^ effectiveness as the speed of sound 

: is approached..-, With 45° of sweepback, the longitudinal control effec— 
tlvenessrcf thei; full-span 25-percent-chord flap on a 12— percent-thick 
wing vaa’ccoipletely unaffected by compressj.billty up to a Mach number 
of 0.89 v ^ese data indicate that trai ling-edge— type longltudliiel 
controls will retain considerable pltchlng-^oment effectiveness at 
transonic speeds if as much as 35° sweepback is used and if the wing 
thickness is not too greatj for the cases under consideration the 
maximum thickness was about 12 percent. 


Effects of Sweep 

The limited amount of low-speed data for the effects of sweep and 
spanwlse location on the pitch effectiveness does not permit the con- 
struction of design charts.. The pitching-moment data for one series 
of swept wings do, however, show consistent variations with sweep 
for sweep angles greater than 30 ° (fig. l6) but are not complete 
enough to' account for all the variables. 
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CONCLUSIONS 


It appears from the data presented that no serious prohlems 
resulting from compresalhllity effects will be encoijntered so long as 
the speeds eire kept below the critical speed of the wing or tail 
surface and the traillng-edge angle is kept small, that is, lees then 
about iL®. Above critical speeds, however, the behavior of the control 
depends to a large extent on the wing sweep angle. The main effects 
of sweeping the wing or tall are to postpone to higher Mach numbers the 
adverse effects of compressibility and to decrease these adverse 
effects when they occur. The design procedures presented, ' although of 
a preliminary nature, appear to offer a method of estimating the effec- 
tiveness of flap— type, controls on swept wings of normal aspect ratio 
and taper ratio. 
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EFFECTS OF SWEEP ON CONTROI5 
II - HINGE MOMENTS 
By John A, Axe Ison 
Ames Aeronautical Laboratory 


INTRODUCTION ' 

In the discussion by Lowry, an enpii'ical method for predicting 
the effoctirenesa of swept control surfaces hae been presented. 

There, is not sufficient hig^-speed data available as yet for develop- 
ing a reliable method of predicting hinge moments of control sur- • 
feces in the transonic-speed region. Efforts to approach the problem 
theoretically have hot yielded satisfactory results because of the 
lack of a suitable approach which accounts for the many variables, 

• such as effects of tho viscosity of the air, boundary layer, and 
separation. High-speed data furnish the best guide for use in con- 
trol surface design and for estimating the high-speed characteristics 
of surfaces. Although tliere has only been a limited amount of hinge - 
moment data thus far obtained in the transonic-speed range, the 
existing data have given several definite res^nlts, the more signifi- 
cant of which will be discussed, first with respect to’ unbalanced 
control a\irfacea, and then with respect to aerodynsMcally balanced 
surfaces. 


UNBALANCED CONTROL SURFACES 

Sweep . - Sweep haa been shotm to be very useful in delaying the 
effects of compressibility on the effectiveness of control surfaces 
and in decreasing the magnitude of the changes when they occur. The 
same general trends exist in the hinge-moment chars.cteristica 

In figiure 1 are presented the variations of the aileron hinge - 
moment parameters Cjj^ and with Mach number for three wings 

having varying degrees of sweep. (See reference 1.) and 

are the variations of hinge -moment coefficient with angle of attack 
and control -surface deflection, respectively. It wlll.be noted, as 
it was in the case with effectiveness, that the main effects of sweep 
on hinge' momenta are to delay the effects of compressibility to a 
higher Me.ch number and to decrease the magnitude of the changes when 
they occur. . In the results shown here, , and are both 

negative, aiid the effect of sweep is to reduce the absolute value of 
the hinge-moment jiareineters with increasing sweep. In other tests in 
the Ames l6-foot high-speed tunnel of a model having a large 
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tralllng-edge angle , 0^ 


and C-i, wei*e positive for the unsvept 
■*a 

configurations, and sveeping the ving hack tended to reduce the posi- 
tive values of the parameters.. Thus, in these and other investi- 
gations, sweeping the model tended to reduce the magnitude of Cv 

cc 

and Cj^, whether the parameters were positive or negative for the 

unswept conflguiation. Such an effect is to he expected because the 
magnitudes of the hinge-moment parameters are directly related to the 
lift or loading parameter C, , which has been shown to decrease 

roughly as the cosine of the angle of sweep. 


Trailing-edgo angle .- The Importance of control-surface profile 
aft of the hinge line on the high-speed control -surface character- 
istics has been fully realised only relatively recently (reference 2) . 
In many high-speed wind-tunnel and flight investigations, drastic 
changes in-contxxil-surface characteristics were unexpectedly encoun- 
tered at high Mach numbers. In some cases, the unusual character- 
istics were found to be associated with, bulges and in others with 
the tre.i ling-edge angle of the control surface. Analysis of the 
results indicated that adverse effects generally came with the larger 
tralllng-edge angles (which for bulged and. cusped surfaces are best 
measured between the maximum tangents to the surface.) The larger 
the tradling-edge angle, the more poaitlve became and 

CC ® 

and the greater the increase of these parameters with Increasing. 

Mach number. This trend occurs for both unswept and swept control- 
surface combinations. 


In figure 2 are presented the ' variations of Cjj and with 

Mach number for three swept models having different trailing-edge 
angles. The traillng-edge angles indicated In the figure are those 
measured parallel to the wind stream. It can be seen that increasing 
the trailing-edge angle increases and and leads to adverse 

changes with increasing Mach number. The lai-ge positive above 

.6 Mach number of the control surface having the greatest trailing- 
edge angle did not extend over the entire control-surface -deflection 
range but did cover the useful operating range as shotra in figure 3. 
(See . reference. 3.) Although the aileron had a redlus nose, consid- 
erable balancing effect was produced by the large trs-illng-edge 
angle at all I>fa,ch numbers, the degree of balance increasing rapidly 
a,t the higher Mach numbers, the ailerons then becoming overbals.nced . 

At the sane time the control effectiveness changed in a similar 
manner, reversed effectiveness occurring in the same general range 

as the positive . The airfoil section perpendicular to the 
■“5 _ . _ 

quarter-chord line was the NACA, 0011-6h section. Extension of the 
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chord and reduction of the traillng-edge an^e as indicated in 
figure 3 materialiy Improved the hinge-noment characteristics as 
well as causing a similar Improvement in the effectiveness of the 
control surface and in the statllity characteristics of the wing. 

These results indicate that the trailing-edgo angle should he 
kept to a mlnlmm, preferably below lU®. In doing so, flat- sided 
control surfaces may he generally preferable to cusped surfaces 
both frcm a structural standpoint and because a cusp tends to heavy 
the hinge moments by negatively increasing Bulges and bevels 

are definitely not suitable for higdi- speed use because of the accom- 
panying large traillng-edge angles. Special care should be taken when 
using elliptical plan forms or curved trailing edges in order that 
the traillng-edge angles be kept unlfozmly small along the entire 
span of the control surface. 

■ AEROBYNAMICALLY BALANCED COKTHOL SURFACES 


Overhang .- Aerodynamic balancing of control surfaces is often 
desirable even where boosts are employed in the system (reference 2). 
The moat common type of balance is the nose overhang, shown on 
throe models In figure U. The variations of Cjj^ and Cj^^ with 

Mach number are presented for each of the threo models, all of 
which had traillng-edge angles of 14° or less. Only the first 
model displayed an objectionable Increase in C^j^ and Chg vith 

increasing Mach number over the test range. This was caused by the 
largsr thickness of the overhang forward of the hinge line. These 
results and other similar data indicate that overhang balances can 
be used up to a Mach number of at loast .85 and probably hl^er, 
provided the nose shape Is properly formed and the thicknesa-to-choid 
ratio and ti’alllng-^ge angles are kept small. There is very little 
data on internal nose balances above .8 Mach number, but the 
same general remarks apply. 

Tabs .- In figure 5 is shown the effect of sweep on tab effective- 
ness. Existing data on tabs Indicate that the tab effectiveness 
generally decreases at high Mach numbers in a manner similar to 
that of the flap-effectiveness parameter since the same 

factors, such as separaticn. Influence both. The results show 
that sweeping the hinge line back 45° reduced the tab effectiveness 
at lower Mach numbers as might be expected but also resulted in a 
more favorable variation with Mach nvmber. These effects of sweep 
on tab effectiveness aro very . similai* to the effects of sweep on 
Cj, , which have already been discussed . 
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Ho!m 'balance »- In figure 6 Is shovn. a collection of hlnge-moroent 
data (reference k and unpublished data) for horn balances on svept 
tall surfaces. Results are shovn for a svept -back model with and 
without the horn obtained from wing-flow tests and for a ^5° swept 
model with a hom from wind-tunnel tests., It can be seen that the 
values of for the 35° and J<-5° swept tails having hom balances 

are very nearly constant with Mach number below a Mach nmber of . 

At the low Reynolds number of about .8 x 10^, the hom on the 35°. ; 

swept model loses effectiveness- rather rapidly above a Mach number of 
.9; but at a hl^er Reynolds number, the effectiveness appears to hold 
at least ta the speed of sound. The results for the hom on the 45° 
Swept model at the left of figure 6, which was at a Reynolds number 

of about 6 X 10^, shows the same trend as the high Reynolds number 
data on the 35° swept wings. The large Reynolds number effects, 
sixch as shown here, make It difficult to predict the characteristics 
at full-scale Reynolds number from tests of relatively small models 
because of .the large influence of separation and boundary layer on 
trailing-edge type of controls. 


The. values of for the hom balance on both the 35° and 

45°. ^pt tails are positive. It should be noted, however, that 
the. unbalanced flap on the 35*^ swept wing gave a] most zero 

and most types' of aerodynamic balance, with some exceptions, would 
be expected to give some positive Increments of . 

. a 

The data presented Indicate that the hom- type of balance, 
apparently balances ' -chrou^ Mach numbers of 1 but that the 


increasingly positive values of Cy, with Increasing Mach number 

a 

ml^t prohibit its use except for truly irreversible control systems 
>diere, for example, oscillations such as sr^aklng offer no problem. 

In any case, the balancing power of the hom would be reduced by 
the positive which tends to heavy the controls during maneu- 

vers because the combination of Cu and Cv, determined the restilt- 

“a “8 

ing hinge moments and control forces in flight. 


The results which have been presented indicate that favorable 
balancing characteristics can be obtained up to a Mach number of .9 
and probably hi ^er. The pronounced effects of sweep and trailing- 
edge angle on hinge moments in the transonic -speed range have also 
been demonstrated . The general remarks may be interpreted as apply- 
^g to horizontal and vertical tails and to trailing-edge control 
surfaces on wings. 
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FACTORS AFFSCTIHG LATERAL STABILirY AND CONTROLLABILITY 


By John P. Camphell and Thomas A. Toll 
Lanslay Memorial Aeronautical Laboratory 


The problem of obtaining satisfactory lateral stability has become 
increasingly difficult as airspeeds hare Increased and as designers 
have resorted to the use of extreme sveepback and low aspect ratio. At 
high speeds, many of our military airplanes have exhibited a lightly 
damped yawing oscillation — the so-called '’snaking” oscillation. At 
low speeds, lateral— stability troubles are anticipated with sweptback 
and low-aspect-ratio designs, partly because of their relatively high 
effective dihedral and low damping in roll. In general, the problem of 
oscillatory, or Dutch-roll, stability does not now appear to be as 
serious for swept airplanes as originally anticipated, but in many cases 
it is Important. In soma cases, lateral controllability is a more 
Important factor than Dutch-roll stability in determining the configu- 
ration of the airplane. 

This paper will deal first with the effect on stability of some 
of the more Important aerodynamic and maos characteristics and will 
then present methods for estimating the various stability peirametera to 
be used in stability calculations for high-speed airplanes. 




(See references 


Two of the most Important factors affecting lateral stability and 
controllability are the directional— stability parameter Cjjp (or 

and the effective-dihedral parameter C^p (or 

1 to 3 .) These two factors are used as the basis for the conventional 
stability chart shown in figure 1. The ordinate is Cj^p and the 

abscissa is -C^p which is positive effective dihedral. The botmdary 

shown is for neutral oscillatory or Dutch^roll stability calculated for 
a general research model tested in the Langley free— flight tunnel. In 
the figure are two points which represent two models or airplanes with 


different combinations of 

and low Cjp 

Ts 've^ gc^d and the 
value of 

which has large 


and Cl 


The first point at high C. 


np 


Bp '-Ip- 

is for a good fl 3 ring condition. The oscillatory stability 

cbntrdliablilty is adso good because the large 
adverse yawing to a minimum. The second point 

and low C represents a poor flying condition. 


keens 


It can be seen that since this point is below tho stability boundary, 
Dutch-roll instability is indicated. Even if the boundary were below 
this point (which is quite likely in many cases) the conti^jllabllity for 
this condition would be poor because the low directional stability would 
permit excessive adverse yawing, which in comblnablon with the high 
effective dihedral will cause a serious reduction in aileron rolling 



effectlTQness. (See reference k,) This happened In the case of the 
L— 39 sweptbaclc research airplane. 


Another lisportant factor affecting lateral stahlllty la the damping 
In roll which hecomes smaller as tho sweephack Is increased and as the 
aspect ratio la decreased. The effect on lateral stahlllty of reducing 
the damping in roll la shown in figure 2 which is a stahlllty chart 
similar to that already presented. The oscillatory— stability boundaries 
have been plotted for values of the damping— in-roll pai'ametor of 

0, -0.1, and -0.2. The value of C, for a straight wing conventional 

4p 

airplane Is about -0,4. or -O.5. These boimdaries which were taken from 
reference 5 were calculated for a hypothetical transonic airplane and 
are intended only to Indicate the trends obtained as 

It is evident from the boundaries that reducing 

stability. 


'Ir 


Is varied. 


reduces lateral 


Several airplanes now in the design stage have provisions for 
variable wing incidence to permit the fuselage to remain at a low angle 
of attack while the wing goes up to the high angles of attack required 
because of the high sweep and low aspect ratio. Hecent theoretical work 
(reference 6) which has been checked by tests in the Langley free— flight 
tunnel (reference 4-) has indicated that increasing tho wing Incidence 
might have a detrimental effect on lateral stability. This effect is 
illustrated In figure 3, which is a stability chart for a free-f light- 
tunnel sweptback-wlng model with 0° and 10° wing Incidence. 

Changing the wing Incidence In effect changes the Inclination of 
the principal ares of inertia of the airplane which is the factor that 
produces the change In stability. For example. In tho case of the 
airplane with 0® wing Incidence the fuselage Is at the same angle of 
attack as the wing; and, because the principal longitudinal axis of 
inertia Is usually approximately in line with the fuselage. It also has 
the same positive angle of attack. In the case of the wing with 10° 
wing Incidence, however, it can bo seen that the fuselage and, hence, 
the principal axes of inertia will 2iave very little angle of attack. A 
comparison of the two boundaries shows that the effect of using positive 
wing In ci dence is to decrease the oscillatory stability. It therefore 
appears desirable to avoid the use of large positive wing incidence If 
possible. Some calculations have shown that even a small change in wing 
incidence (as small as 2°) can give large changes in stability. 

The effects of mass distribution and relative density on lateral 
stability have been investigated both theoretically and by tests in the 
Langley free-flight tunnel (references 5, 7, and 3.) In general, the 
results have Indicated that usually no pronounced effects on stability 
occur when the relative density is increased by increasing either the 
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wing loading or the altitude, Slndlarly, Increasing the moment of 
Inertia In yaw hy increasing the weight in the fuselage does not usually 
appear to affect etahility greatly. Increasln,? the moment of Inertia 
in roll hy increasing the weight carried in the wing, however, does 
have a pronounced effect on the stability as Illustrated by figure 4, 
which is a stability chart for a typical sweptbacic fighter model tested 
in the Langley free-fllght tunnel with and without wing tip tanks, A 
comparison of the two points on the chart show? that adding the tanks 
caused some slight changes in aerodynamic characteristics, but the main 
effect of the tanks was to increase the moment of inertia in roll which 
resulted in the large shift shown in the osclLlatory— stability boundary . 
A pronounced reduction in the stability of the model is indicated when 
the wing tanks are Installed. Since the period of the oscillation in 
this case is fairly long, however, it is possible that the airplane 
pilot woTild have less dlfficailty in flying with this xinatable condition 
than he. would In other cases where the oscillation is of shorter period 
and lightly damped. 

■Examples of lightly-damped short-period oscillations which are 
difficult to control have been encountered recontly on a number of 
military airplanes. These aijrplanes exhibited poor lateral— oscillation 
characteristics or ’’snaking” in high-speed flight. A study of this 
snaking oscillation was recently conducted, wl-th a conventional single- 
engine low-wing attack airplane for which poor lateral-oscillation 
characteristics had been reported. The results of this investigation 
are summarized on figures 5 and 6, Figure 5 sho^/s a time history of the 
rudder motion and yawing velocity after a disturbance in yaw for various 
rudder conditions for an indicated airspeed of about 350 miles per hour. 
With the rudder free, the snaking oscillation was very lightly damped 
even though the actual rudder deflections were less than half a degree. 
With the rudder locked the damping was much better and was considered 
satisfactory. The middle record shor/s that with Just the rudder pedals 
fixed a true rudder-fixed condition was not obtained and the damping was 
not much better than with rudder free. 

The variation of the damping with airspeed is shown in the first 
part of figure 6. The cycles required to damp to one— half amplitude 
and period of the oscillation are plotted as a function of indicated 
airspeed,. Wi.th rudd,er. Ipckedjt - the, damping in cycles remained constant 
over, the speed range j while with rudder free wi.th the original horn 
balance the damping was not as good as with rudder fixed at low speed 
and became progressively worse with increasing airspeed. \T!aen the horn 
balance was removed, the damping was essentially the same as with rudder 
locked. 

Ati explanation for these phanges , in dashing Is given on the rudder- 
free stability chart on the right of this figure. On this plot of 

against ' the' calculated rudder— free stability boundaries for this 
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airplane with the effects of friction In the control system are taken 
Into account. The houndaries, which were calculated, "by methods that 
were developed In references 9 and 10 and checked in reference 11, 
indicate the combinations of and Cj^ which produce stability, 

divergence, constant-amplitude oscillations, or Increasing oscillations. 
With the horn balance the measured hinge-moment factors were as Indicated 
by the point on the chart. The fact tliat this point Is not far from the 
constant-anplitude oscillation boundary explains why at low speeds the 
damping was less with rudder free than with rudder fixed. 


The decrease In damping with Increase In airspeed for the rudder— 

, free condition Is attributed to the effects of Mach nuniber on the hinge- 
moment parameters and Cjj^. Tests have shown that as Mach number 

Is Increased, both and might become more positive which 

would shift the point on .the chart towards a region of worse damping. 
Removing the horn balance makes both and more negative and, 

therefore, shifts the point on the chart to a region of greater damping 
of the oscillation. This explains the improvement noted in the flight 
tests when the horn balance was removed. The current trend of airplane 
design which leads to Intentional selection of a low Cjjg and a positive 

Cj, is such as to Invite snaking or poorly damped osclllatlona. It is 

therefore important that the dajj^jlng characteristics be checked by 
calculations and that due allowance be made for the effect of Mach 
number on the hinge-moment parameters. 

Although the rudder hinge-moment characteristics appear to have a 
very Important effect on snaking oscillations, other factors are undoubt- 
edly-involved in many cases. For example, fuel sloshing has in some 
oases appeared to make the snaking motion worse, and such factors as the 
air flow at the tail-fuselage ^1uncture and the arrangement of the tail 
pipe in the fuselage have been shown to affect snaking. Even when none 
of these factors are Involved, an airplane might exhibit snaking in 
the rudder-fixed condition Just because the dancing of the Dutchr-roU 
oscillation is weak. This might be the reason for the snaking experi- 
enced with the XS-1. The fact that In high-speed flight, the fuselage 
(and thus the principal longitudinal axis- of inertia) Is more nearly 
alined with the relative wind will tend, to make the Dutch-roll oscillation 
damping worse than at low speeds. 


The discussion presented so far has indicated some of the design 
conditions that must be avoided if satisfactory lateral stability 
characteristics are to be obtained. In general, it has been found 
through experience Vi th models in the Langley free— flight tunnel that 
flight characteristics can be predicted through .solutions of the equa- 
tions of motion, provided sufficient Information Is at hand regsirdlng 
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the mass character’lstlcs of the models and the values of the stability 
derivatives . 


The theoretical stahlllty derivatives slven for unswept wings In 
reference 12 have gonerally teen found to he adequate. The use of sweep 
may affect the values of some of the derivatives appreciably however; 
and. In general, the available rigorous theories applicable to swept 
‘ wings are too cumberscne to be used for the preparation of charts similar 
to those given for unswept vljogs In reference 12. Analyses of swept- 
wing data, such as those given in reference 13, have indicated that 
through simple geometric considerations, correction factors may be 
derived to account for the effects of sweep. When these factors are 
. applied to rigorous theoretical values of the derivatives of unswept 
wings, reasonably reliable derivatives for swept wings znay be obtained. 
Such factors have been derived for the various derivatives and are given 
In reference Ih. Some sample charts based on the method of reference Ih 
are shoim. In figure 7 . These charts Illustrate trends resxilting from 
the effects. of sweep on some of the important stability derivatives of 
wings having a taper ratio of 0.5 and no dihedral. 


Perhaps the greatest effect of sweep is on the effective— dihedral 
derivative -Ci„. It should be noted that for small aspect ratios, a 
given angle of sireepback may result in high positive effective dihedral; 
whereas, the same angle of st/eepforward may result In little or no 
negative effective dihedral. This is caused by the fact that, although 
the Increment of resulting from sweep does not vary to any large 

extent with aspect ratio, the value of “^ 2 ^ unswept wings increases 

rapidly as the aspect ratio decreases. 


The approximate method of ceQ.culatlon indicates that the damping In 
roll C 2 p is reduced by sweep, but this effect generally la not large 

except for relatively high aspect ratios. In this connection, it might 
be mentioned that the effectiveness of ailerons, which occupy a given 
portion of the wing surface, la found to decrease with sweep more 
rapidly than the daii:q>ing in roll. If it is desired, therefore, to meet 
the usual rolling criterion of a specified, value of the wing-tip helix 
angle' eithen larged'' ailerons on greater deflections must bo pro- 
vided as^the sweep angle is increased. 

Sweep causes appreciable increases in the magnitudes of the deriv- 
atives of yawing moment due to rolling C„ and rolling moment due to 

yawing This is in contrast to the reductions noted for .the value 

of C, ' and Tisually f oxmd' f or the lift-curve slope CL i 
*P -^a . 
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Erperimental determinations of the vai-lous stahlllty derivatives 
have been made for a large number of wings through the use of the roUlng- 
and curved-flow equipment of the Langley stability tunnel. In general, 
the test results have substantiated the trends shown by the charts. The 
data have indicated, however, that under some conditions, the calculated 
values of the derivatives may apply to only a limited lift-coefflclent 
range. This fact Is lU-ustrated by figure 8 which shows comparisons of 
experimental and calculated values of the derivatives C^j., and 

Cnp for an untapered 45° sweptback wing of aspect ratio 2.6. The tests, 

which were made at a Eeynolds number of about 1,400,000, are reported in 
references 15 ond l6. 

For this case, the Initial slopes of the derivatives against lift 
coefficient are in fairly good agreement with the slopes indicated by 
the calculations. The data begin to deviate from the initial slopes, 
however, at a lift coefficient of about 0.5i end the deviations become 
very Important at high lift coefficients. Under these test conditions, 
the rolling ■ moment due to sideslip and the rolling moment due to yawing 
decreased to about zero at maximum lift. The yawing moment due to rolling 
reversed its sign at a lift coefficient of about 0.7, so that at high 
lift coefficients the derivative Cup might be regarded as favorable 

rather than unfavorable as Is normally expected. This can have an 
important effect on controllability at high lift coefficients. Free— 
flight-tunnel tests of models with positive values of Cnp have Indi- 
cated that the favorable yaw makes it possible to obtain good lateral 
flying characteristics without the necessity of coordinating the rudder 
with aileron control. 

The deviations of the experimented data from the Initial slopes 
probably result from tip stalling since rolling— and yawing-moment deriv- 
atives are affected primarily by flow conditions at the tips. An Indi- 
cation of partial stalling is given by the rise In the quantity Cp - 

which represents that part of the wing drag which is not Ideally asso- 
ciated with lift. For convenience, this quantity will be referred to as 
the ’’drag index,'* For the case of a sweptback wing wlthoub “devices which 
tend to dele^ stalling at the wing tips, such as vanes, leading-edge 
flhpsi 'Or slots-,' the'dra^ id’ found to' rise at about -the lift . 

coefficient at which the derivatives Cj^, and Cnp begin to deviate 

from the trends established at low lift coefficients. When devices which 
delay, tip stalling are used, the drag index may not be a true Indication 
of variations in derivatives, however, for it may rise because of sepa- 
ration of flow from inboard parts of the wing which would not greatly 
affect the rolling— and yawing-moment derivatives. For plain sweptback 
wings, however. It appears that the drag index might serve as a basis for 
predicting the lift-coefflclent range over which the calculated character^ 
istlcs might be expected to apply under specific conditions. An 


Irqjortant application of the dra^— index concept is in the prediction of 
Reynolds numher effects on derivatives such as and Ci^ which can 

he determined only with special equipment which normally is not available 
in wind tunnels Capable of making tests at high Eejnolds numbers. 

Figure 9 shows the effects of Reynolds number and of wing roughness 
on the effective— dihedral derivative index for a 

h0° sweptbaolr wing with an 1T;'\CA 112 airfoil section. These results, 

taken from reference 17, are from tests made in the Langley 19-foot 
pressure tiuanel. Large effects, of Reynolds number were noted when the 
wing surface was smooth j for example, at a Reynolds number of 5, 300, 000 > 
the derivative “Cjp increased, linearly with lift coefficient almost 

until maxi mum lift 'vms attained, and the drag index showed very little 
change .with lift coefficient. At a Reynolds number of 1,720,000, how- 
ever, the derivative “Ozp began to deviate from its initial trend at 

a lift coefficient of about 0.5, and the drag index showed an abrupt 
rise at the same lift coefficient. Results obtained at a high Reynolds 
number, for the. wing with roughness at the leading edge, were very 
similar to results obtained at a low Reynolds number for the wing with 
a smooth siirface. The drag index again indicates the presence of tip 
stalling for the latter two cases but little or no stalling for the 
BDWoth wing at a high Reynolds number. It might be expected therefore 
that initial trends of the derivatives and also would persist 

to a high lift coefficient for the case of the smooth wing at a high 
Reynolds number. 

The shape of the wing profile may, under some conditions , have 
large effects on lateral stability characteristics. Figure 10 shows 
comparisons of results obtained on the effective dihedral derivative 

for smooth wings having RACA 112 and circul6ir-arc airfoil sections. 

The tests (reference 18) were made at a Reynolds number of 5,300,000, 
which is the higher of the two values referred to in the preceding figure. 
With flaps off, the curve for the MCA 6k-^—112 airfoil is the same as 
given before. The values of circular-arc airfoil begin 

dsviAte ..;.froii^.. their .iJiitial. trend at, a. very, low lift, coefficient, 
probably because the tendency of sweptback wings to stall at the tips 
is aggravated tlirough the use of an airfoil with a sharp leading edge. 
With leading-edge and trailing-edge flaps deflected, the derivative 

continued to Increase almoet linearly with lift coefficient until maximum 
lift was approached, regardless of the airfoil section. It appears that 
the wing characteristics are determined largely by the contour of the 
leading-edge flap and that the basic airfoil section has very little 
Influence when the leading-edge flap is deflected. Since the leading- 
edge flap tends to delay tip stalling, it. is probable that the 
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derivatives 
Indicated for 



and Cl' 
*r 


Ip* 


also woTjld show trends similar to that 


The discussion given so far has dealt largely vlth the more Important 
ejects of sweep on characteristics that are of partlctaar Interest at 
low speeds. In the design of a con 5 >lete airplane, additional factors, 
such as the effects of the fuselage, or the size and location of the tall 
stirfaces, must he considered. Sxperience has Indicated that the effects 
of these additional factors on the various rotary— stahillty derivatives 
and on the effective-dihedral derivative accounted for In 

much the-same manner that has been used for conventional-aircraft designs. 
Particular attention sho\ild he paid, however, to the possible adverse 
effect of swept wings on directional stability near maximum lift. It la 
not yet possible to. select i/ith any degree of certainty a configuration 
that will have satisfactory directional stability characteristics at all 
lift coefficients, but it generally has been possible to correct an 
undesirable condition in the coxrrse of wind-tunnel development tests. 


Very little theoretical or experimental information regarding 
subsonic compressibility effects on the lateral— stability derivatives 
is available at the present time. Resxilts of tests made on one model 
in the Langley high-speed 7— by 10-foot tunnel are shown in figure 11. 
The tests included determinations of . the derivatives Cn^, -^Zp^ 

through a range of Mach number. The model configuration used in the 
determination of Ci was slightly different from that used in the 


C 


Zp 


The compressibility effects on these 


determinations of and - 02 ^. 

derivatives were found to be very small for Mach numbers below 0.82. 


At 


higher Mach numbers, the directional— stability derivative Cjj increased. 


probably because, with the model in sideslip, the- critical Mach number of 
the leading-wing panel was exceeded and, consequently, the drag of the 
leadlng-^ng panel increased. At an angle of attack of 6° the effective- 
dihedral derivative -C 2 p decreased as the Mach number exceeded 0.32. 

This probably results from a loss in lift on the leadlng-^ng penel as 
its .critical Mach nimiber la exceeded. The daiaping-ln-roll derivative 02^ 


showed no abrupt change through the test range of Mach niimber. 


The problem of lateral behavior at transonic speeds, extending 
through a Mach number of 1.0, is now being investigated by means of 
ft*ee— flight rocket models, but results are not yet available. Several 
theoretical investigations which apply to Mach numbers of about 1.2 and 
above have been completed or are in progress. The case of the super- 
sonic derivatives of triangular wings already has been covered rather 
completely in reference 19* The methods used in reference 19 are now 



■faei^ extended to "notched" triangles, or swept wings with zero taper 
.ratio.. Investigations of xinswept rectangiilar wings also are mderway. 

In STOTraarizlng, it might be said that progress Is being made In the 
determination, of the stability derivatives for swept and low~aspect- 
.ratlo. airplane configurations; and it appears that by using the proper 
stability derivatives with existing theoretical methods, the lateral 
stability characteristics of hlgh-apeed airplanes can, at least quali- 
tatively, be predicted. 
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Figure 3.- Effect of wing incidence on the lateral stability of a free 
flight -tunnel research model (Cl “ 0.6). 



Figure 4.- Effect on the lateral stability of the change in mass 
distribution caused by adding wing-tip tanks (Cl = 0.7). 
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Time histories of the lateral oscillations of a conventional 
attack airplane. 
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Figure 6.- Period and damping of the lateral oscillation and calculated 
rudder -free stability boundary for conventional attack airplane. 
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Figure 7.- Lateral -stability derivatives calculated by approximate 
theory for swept wings with taper ratio of 0.5. 
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Figure 8.- Comparison of experimental and calculated lateral -stability 

derivatives. 
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Figure 9. - Effect of Re 3 rnolds number and wing roxighness on rolling 

moment due to sideslip. 
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Figure 10.- Effect of airfoil section and flaps on rolling moment due 

to sideslip. 
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LCW-SFEED H/IGHT INVESTIGATION OF AN AIRPLANE 


WITH SWEPTBACK WINGS 
By W. H. Phillips 

Langley Memorial Aeronautical Laboratory 


Some of the stability parameters of eweptbach vings are con- 
siderably different from those of conventional straight wings. In 
order to determine how these different stability parameters would 
affect the low-speed flying qualities of an airplane, the Navy 
early in 19^6 authorized the Bell Aircraft Corporation to modify 
two P-63 airplanes to incorporate swoptbach wings. The first 
figure shows a drawing of the modified airplane, which is designated 
the Ir-39 airplane. The outer wing panels are swept back 35° along 
the quarter-chord line. The center section, containing the cooling 
air intakes, is loft unchanged. The main landing gear of the 
L-39 airplane is fixed. The tail was lengthened after prelimlnarj' 
flight tests at the Bell Company, partly to increase the directional 
stability but mainly to assist in getting the tail down for landing. 
The wing leading edge is made of wood and may be modified to incor- 
porate fixed slots covering various portions of the span. Because 
of the fixed landing gear and the structural features of the wing, 
the airplane is restricted to an Indicated airspeed of 250 miles 
per hour. Also, because of the fuselage modifications, the sideslip 
angle is restricted to fairly small values at high speeds. In all 
cases except those noted, the extension on the ventral fin shown 
in figure 1 was instadlad for the flight tests reported herein. 

Some tests were made with this extension removed, however, to give 
a condition of reduced directional stability. The flight teats 
made by the KACA and reported in this paper were all made with the 
first L— 39 airplane, which incorporates conventional airfoil sections, 
designated NACA 66, 2X116, a » 0.6 measured perpendicular to the 
quarter— chord line . Teats made by the Bell Aircraft Corporation 
on this airplane before the NACA investigation are reported in 
reference 1. The second L-39 airplane had a pointed leading edge, 
simulating a circular-arc airfoil section lh.3 percent thick. This 
airplane was tested by the Bell Company but has not been flown by 
the NACA'. 

Tests have been made of a 0.22-scale model of the L-39 airplane 
in the Langley 7- by 10~foot tunnel, so that a comparison between 
the small-scale wind-tunnel results and the fliglit results is 
possible. 

Measurements of the longitudinal- and lateral-stability charac- 
teristics and stalling characteristics have been completed with 


three slot arrangements. These slot configurations will he referred 
to as the 0, liO-^)ercent, and 80— percent span slots. The 40-percent 
span slots covered kO percent of the span of the swepthack outer 
panels, starting at i)-0 percent of the span and extending out to 
' 80 percent of the span. The 80— percent span slots extended from 
20 percent of the span to the tip. These slot arrangements are 
shown in the first figure. 

All tests were made with power off, because it was felt that 
the results would he of most interest for application to jet- 
propelled aircraft where slipstream effects would he absent. 

The main item of interest in connection with the longitudinal 
stability of a sweptback-wing airplane is the stability at low 
speeds near the stall, because wind-tunnel tests of many swept- 
back configurations have shown instability at high lift coefficients. 

The longitixdinal stability of the L-39 airplane was Investigated 
by recording tho elevator angles and forces in steady flight at 
various speeds with two center-of-gravity positions, 20 and 26 per- 
cent of the mean aerodynamic chord. The results of these tests are 
presented in detail in reference 2. Figure 2 shows the variation of 
elevator angle with speed for the flaps-down condition with the 
three slot configurations, with the center of gravity at 26 percent 
of the mean aerodynamic chord. A negative slope of this curve, 
corresponding to a larger up-elevator angle for trim at lower speed, 
represents a stable condition. 

The results presented show that without slots the stability 
became neutral near the stall. The stall occurred at the minlnum 
speed plotted. The ' stability was large in the normal-flight range, 
where the neutral point was at about k2 percent of the mean aero- 
dynamic chord. The decrease in stability close to the stall was 
not objectionable to the pilot, because the elevator angle and 
stick force variations did not become unstable. There was a slight 
nosing up tendency at the stall but this. could easily be controlled 
by application of down elevator. In an airplane with a smaller 
degree of stability in the normal flight range,, this much loss in 
stability would result in more serious instability at the stall, 
which would probably be very objectionable to the pilot. Tests 
could not be made with a more rearward center-of-gravity position 
in the L-39 airplane because of the position of the main landing 
gear. 


' The usG of slots reduced the tendency toward instability at 
the stall. The slots also improved the stalling characteristics 
so that the aliriaiae could be controlled to some extent in flight 
beyond the stall . In this case the elevator had to be pulled up to 


prevent the airplane from pitching down when It was In a partiall 7 
stalled condition. This cliaracteristic is sliown by the low-speed 
end of the cinrves in figure 2- The pitching moments beyond the 
stall were, therefore, stable with flaps down when the slots were 
employed. 

The longitudinal stability with flaps up was good all the way 
to the stall with any of the slot conf igui’atlons . The tendency 
toward neutral stability at the stall was not present in this case. 

Tuft studies showed that, with flaps up, the wing of the 
L— 39 airplane stalled first at the root, probably because of the 
leading— edge air intakes and the design of tlie wing— fuselage 
Juncture.. This root stall occurred even without slots in the wing, 
and probably tended to reduce the' unstable pitching tendencies 
at the stall by reducing the downwash at the horizontal tail at 
high lift coefficients. With flaps dow, the initial stall did 
not occvir at the root. 

The most apparent difference expected between the lateral 
stability characteristics of swaptback and straight wings is the 
large increase in dihedral effect with lift coefficient for the 
sweptback wings. The dihedral effect of an airplane is felt by 
the pilot by the amoimt of aileron angle required to maintain 
equilibrium in sideslips. The characteristics of the L-39 air- 
plane in steady sideslips are shown in figure 3« More complete 
data on the lateral and directional stability cliaracteristics o..' 
the L-39 airplane ai’e given in reference 3* This figure shows the 
total aileron angle and rudder angle as a function of sideslip 
angle for various values of the airspeed. The variation of rudder 
angle with sideslip angle was essentially the same for all speeds. 
At the highest speed tested, 235 miles per hour, a small amount 
of left, aileron angle was required in right sideslips. Indicating 
a slight negative dihedral effect. As the speed was decreased, 
the dihedral effect became positive ant?, reached a large positive 
value at 110 miles per hour, the lowest speed tested. At this 
speed, full aileron deflection was required to hold a steady side- 
slip with only 8^ rudder deflection. Even higher dihedral effect 
was .observed in tha ,flaps-:down, condition because of the. higher lift 
coefficient which could be reached. The dihedreil characteristics 
In the flaps-up condition for various slot configurations are 
siunmarlzed in flgui-e This figure shows the variation of aileron 
angle with sideslip as a function of normal-force coefficient for 
the three slot configurations tested. The effect of slot con- 
figuration' Is not great# but a slightly greater variation of 
dihedral effect with normal-force coefficient was obtained with 
the SO-percent span slots. 
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Some question has arisen as to the ability of small-scale 
wind-tunnel tests to predict the chai’acteristlcs- of awepthack 
wings. In order to obtain a comparison between the flight and 
wind-tunnel measurements of dihedral effect, the airplane was 
flown with known as;/innietric loadings so that the sideslip angle 
required to balance a given rolling moment could be measured. 
The variation of rolling-moment coefficient with sideslip 

as a function of normal-force coefficient for the condition of 
80-percent span slots is shown in figure 5* The wind-tunnel 
meastjrements are also shown in this figure. The small-scale 
wind-'tunnel results showed somewhat, smaller values of effective 
dihedral than the flight— test results, though the trends are 
similar. The flight results always showed an increase of 


all the waj’’ to the stall . It should be noted that the maximiua 
value of was about -O.OO6 per degree, a value corresponding 

to 30° effective dihedred in a straight wing. 


It had been expected that the large dihedral effect obtained, 
with a sweptback wiiig might lead to objectionable or dangerous 
flying qualities. The pilots of the L— 39 airplane, however, did 
not consider any of the. flying qualities caused by the large 
dihedral to be dangerous or objectionable. Thej' had only minor 
objections to a few characteristics. The main difficulty was 
the considerable reduction in rolling velocities which could be 
reached in rudder-fixed aileron rolls as a result of the combined 
effects of the dihedral and the sideslip developed d^a^ing the roll. 

The maximum value of pb/27 obtainable in rolls at speeds approaching 
the stedl with flaps down was 0.035 radians as compared with the 
value of 0.07 which ie considered to be the minimum for satisfactory 
flying qualities. Also, it was noted that at low speeds the rolling 
response was oecillatoiy; that is, the rolling velocity following an 
abrupt deflection of the ailerons would build up to a maximum and 
then fall off to zero or even reverse, then build up again. 


Although in landing approaches and landings use of the rudder 
produced large lateral trim changes, this cliaracterlstic was not 
considered dangerous. The pilots considered the slight negative 
dihedral" effect present art low normal-force coefficients to be more 
objectionable tlian high dihedral effect present at high normal- 
force coefficients. The negative dihedral effect leads to an 
illogical type of control because .the rolling velocity due to r^idder 
deflection is in the wrong direction. .• This is particularly objec- 
tionable to tile pilot if the airplane changes from a condition of 
high positive to negative dihedral, so that he cannot become 
accustomed to either. It appears from these tests that in the 
design of sweptback-wing airplanes, the use of negative geometric 


dihedral to reduce the ei^ctlve dihedral at high lift coefficients 
should not be carried to tlie point of prodxicing negative effective 
dihedral at low lift coefflclects. 

Another feature, of sv/ept back-wing airplanes which it was 
thought might prove undesirable was the possibility of poorly 
dejaped lateral oscillations i The time history of a lateral 
oscillation of the Ir-39 airplane started by abruptly deflecting 
and releasing the rudder is shown in figuie 6. In this case the 
ventral fin extension was removed. The lateral oscillation at 
tills speed had a pei-iod of about 5 seconds and requli'ed 1.5 cycles 
to damp to half amplitude. The oscillations were satisfactorily 
damped in this case although the rolling motions associated with 
the oscillation were relatively large in comparison with those of 
conventional airplanes. The pilot had no objections to the lateral 
oscillations because he could easi^ control them. The type of 
control motions used in recoveib' from an oscillation is shown in 
figure 7« It is shoTO by this figure that, following an abrupt 
rudder kick:, the airplane rolled 35° and started to return to its 
original attitude. As it was returning, the pilot applied coordinated 
rudder and aileron control to bring the airplane to the level attitude 
and then applied a small amount of control in the opposite direction 
to prevent overshooting. The speed at which the oscillation damped 
out indicates that an oscillation of such a long period is not 
likely to cause any difficulty, even if it should be poorly damped 
or undamped. 

The application of the results of the L— 39 tests to airplanes 
of higher wing loading or different size will be considered briefly. 
The dj'namlc-stabllity characteristics of an airplane of similar 
type will be tlie same if the value of the relative density factor ^ 

Is the same. For the L-39 airplane, the value of ji {based on 
wing span) was l4. An approximately equal value of u might be 
obtained on a larger airplane with higher wing loading. In this 
case, the danrplng characteristics of the lateral oscillations in 
terms of the number of cycles to damp to half amplitude would be 
the same at a given lift coefficient, but the period of the oscilla- 
tions would be increased as the square root of the linear dimension. 

It would.be, expected that the pilot would have leas difficulty in 
controlling thdse osclliatiohs than those of the L— 39 airplane . If 
the airplane had the same size as the L— 39 ^ heavier wing 

loading, or flew at a higher altitude, the value of wovild be 
increased, As a result, the damping of the lateral oscillations 
would probably be decreased but the period of these oscillations 
in flight at a given lift coefficient would be the same. As 
mentioned previously, reduced damping would probably not be serious 
for an OBolHatlon of this period. 



The L-39 results give a good indication of the amount of 
directional stahility that should he provided on an airplane with 
sweptback wings. With the ventral fin installed, the value of Cnp 

at high lift coefficients was 0.00195 degree. With this amount 
of directional stability, the characteristics were fairly satisfactory, 
as noted previously. This value is about twice that usually present 
in conventional straight-wing fighter airplanes. With the ventral 
fin extension removed, the value of C^jj was about 0.001 per degree. 

In this case, the pilot considered the airplane difficult to fly 
because cfthe la^rge lateral trim changes produced in any maneuver 
when inadvertent sideslipping occurred and because of the reversal 
in rolling velocities in XTidder -fixed rolls. In the case of the 
L--39 airplane, with the’ fin extension removed, the variation of 
rudder angle with sideslip in steady sideslips was practically 
zero even though the directional stability measured in the wind 
tunnel was comparable with that of a conventional airplane. The 
loss of stability in steady sideslips is caused by the destabillzir.g 
effect of the aileron yawing moments when the ailerons are deflected 
to offset the high dihedral effect. The pilot’s Impression of 
directional stability is obtained from the variation of rudder 
angle with sideslip. In this case, therefore, the pilot felt that 
the directional stability was very small. 

A larger value of directional stability is therefore required 
on sweptback-wing airplanes ■ than on straight-wing airplanes for two 
reasons: First, to maintain adequate aileron effectiveness in rolls, 

and second, to offset the destabilizing effect of the aileron yawing 
moments in steady sideslips. 

Complete studies of the stalling characteristics of the 
L-39 airplane were made with flaps up and flaps down and with all 
slot configurations. Without slots, the stalling characteristics 
were very undesirable. Figure 8 shows a time history of the rolling 
velocity diaring a stall with the flaps up and no slots. Also shown 
for comparison is a similar record obtained with the £0— percent- 
span slots. Without slots, there was a small amount of stall 
wamlhg^giveh by preliminary motion of the airplane but, at the 
stall, the airplane rolled abruptly because of almost Instantaneous 
staling of a ccHttplete wing panel. With either the lO-percent or ■ 

80— percent— span wing slots, the airplane performed Increasing 
lateral oscillations at the stall. The stalling cliaracteristics 
were considered good with either the 40-percent- or the oO-percent 
span slots installed. The rata of increase of the oscillations at 
the’ stall was considerably greater when the ventral-fin extension 
was removed. 

In order to obtain a comparison with the wind-tunnel measxire— 
ments of the lift characteristics of the L— 39 model, flight 


neasurements of the angle of attack of the L— 39 airplane were made 
during stall approaches. The angle of attack was measured hy means 
of a vane located' on a boom ahead of the wing tip. The position 
error of this installation was determined by testa of a siiMlar 
vane on the wind-tunnel model. A comparison of the flight and 
wind-tunnel measurements of the variation of normal- force coefficient 
with angle of attack is given in figure 9- These results, which 
are representative of all the conditions tested, show that tlie 
agi’eement was good. 

The maximum lift coefficient of the L-39 airplane without 
slots with flaps up was 1.20 aivi with flaps down was l.pl* The 
original P-63 airplane with the unswept wing had essentially the 
same veilues of maximum lift. -.The maximum lift coefficient' of the 
L— 39 airplane with slots installed was slightly less than without 
slots. Tuft studies indicate that this unexpected effect was 
caused by premature separation of the flow inside the inboard end 
of the slot. With the plain wing, the stall occurred abruptly 
over the whole wing at the same instant and therefore steady flight 
was possible right up to the maximum lift coefficient. With the 
slots Installed, however, the premature separation of flow near the 
Inboard end of the slot caused rolling and pitching motions of the 
airplane so that higher values of maximum lift coefficients which 
might have been obtained at high angles of attack were not usable 
in steady flight. 

Though no NACA flight tests have been made on the second 
L-39 airplane with simtilated clrciilar-arc wing sections, a brief 
summary of the Bell flight test results may be of interest. No 
q,uantltatlve data from the Boll flight tests are available, and 
these statements are based on pilot’s comments. It was foimd that 
the longlti;dinal instability at the stall was somewhat worse than 
that of the L-39 airplane with normal wing sections. The lateral 
stability'- characteristics were similar, but no measurements are 
available at high lift coefficients. The stalling characteristics 
were good in that there was no tendency to roll off at the stall. 

Flow separation started near the leading edge of the wing at speeds 
below 180 miles per hour, and at litO miles per hour the flow was 
-.turb.ulent, pyer, t,^ , entire . upper, su^ace of , the wing. Control could 
be maintained to 110 miles per hour, resulting in a normal value 
of maximum lift coefficient. The drag was very high at low speeds, 
however, and power-off landings at low speeds were dangerous because 
of the excessively steep gliding angle and high sinking speed. 
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FLIGHT CHAEIACTEEISTICS AT UlAHSONIC SPEEDS 
I - P-80A AIRPLAHE INVESTIGATIOIT 
By H. H. Brovna 
Ames Aeronautical laboratory 

Extensive fll^t teste bave been condticted at the Ames Laboratory 
on the P-80A airplane well vip Into the transonic range. 

Prevlo\iJ3 to the fli^t tests, a i- scale model of the airplane 

was thoroughly tested In the Aiaes l6-foot high-speed tunnel up to 
a Mach number ofO. 85. Analyses of these teat results indicated that 
the airplane should possess satisfactory stability and control 
characteristics up to the maximum Mach number tested. The basis for 
this opinion is the results shown in the first two figures. 

Figure! presents the elevator angle for trim in level flight 
at 20,000 feot as a function of Mach number* Tlie solid curve shows 
the results based on the .wind-tunnel tests. For purposes of comparison 
tb© fli^t test results are shown by the dashed ctcrve* The tucking- 
under tendency as indicated by the increase in i^-elevator angle 
required above a Mach number of 0 .?0 was not considered serious since 
the pilot TTould presumably have an^le warning. The change with Mach 
number of the tuicking under was less severe in flight liian indicated 
from the wind-tunnel tests. 

Similarly in figure 2 is shown the variation of required elevator 
angle with acceleration factor for Mach numbers of O.80, O.825, 
and 0.85. The solid curves are based on the wind-tunnel results and 
the dashed curves on flight tests. There was nothing shown here 
which would predict a pitch-up. 

In spite of the reassuring nature of the irind-tunnel results and 
the careful manner in which the flight tests were conducted, a 
condition was encountered during a dive at a Mach number of about 0 .85 
which produced a violent and inadvertent stall . This particular 
feature of this airplane remains one of the major factors which limit 
operation of the airplane to still hi^er Mach nxirabers. 

Figure 3 shows a time history of some of the quantities evaluated 
during this dive. The lift coefficient roughly follo^ra the elevator 
motion up to about 13*25 seconds. At this point the lift coefficient 
rapidly began to increase with only a small chajoge in elevator angle 
and no change in stick force. 
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Reexamination of the wind- tunnel data failed to Indicate the 
cause of the pitch-up for two reasons: 

(1) !The strength of the model limited the to a value 

of 0,40 at a Mach number of 0.35# which was a lower 
value than the value encountered during the 
pltch'-up, 

(2) Tunnel conditions at the larger lift coefficients end 

highest Mach numbers *»rere close to choking. 

■ Combining the data obtained during the dive with the wind-timnel 
results did afford a partial solution to the problem. The fuselage 
due tp its high critical Mach number was eliminated as a cause of 
the pitch -up. The wing pressure distributions made during the dive 
also enabled tlie pitching-moment coefficient of the wing to be 
eliminated as a cause. The spaiurtse loadings derived from the 
pressure measurements showed only a minor difference compared to the 
lower Mach OTmber results and therefore down^rash changes were niled 
out. Lastly, the effects du.e'to the shift in the angle for zero lift 
of the wing were obtained from tho wlnd-txamel data. 

In figure 4 the total out-of-trim pltching-momont coefficient 
of the airplane during the pitch-up is shown id.th Cjj as the abscissa. 

Also shown is the out-of-1arim pitching-moment coefficient furnished 
by the negative shift in the angle for zero lift as the airplane 
decelerated. The difference between these two curves represents the 
destabilizing influence that must be attributed to something other 
than the wing and fuselage . 

In order to determine whether the flow conditions at the tail 
or idiether the tall characteristics were responsible, the isolated 
horizontal tall was tested in the Ames l6-foot hi*^-speed tunnel at 
the Mach numbers and. over the angle of attack and elevator angle 
range reached- during the dive. 

The results shoved large changes in effectiveness of the tail, 
e^eclally at the high elevator deflections encountered in the dive. 
This' change' fn effectiveness, plus the immersion of the tail in the 
wake at higher lift coefficients, which tends to accentuate its effect, 
accounts for the unstable action of the airplane in the pull-up . 

• On the left side of figure 5 the variation of tail pitching 
moment has been plotted against the Mach number deterained from the 
isolated- tall tests . The elevator deflection, -vdiich was used in the 
dive, is 12®, and the tali angles of attack were those 'vdiich would be 
encountered by the tail in the process of the pitch-up. 



If It vere prestmied that tho piill-up vere mada at a constant 
Mach mmber of 0.87 and that the tail operated at frea-stream Mach 
n-umher, a croesplot along the Tertlcal line at a Mach number of O.87 
vould give tile tail contribution to the pitching moment of the 
airplane. Tho result is sho-^n by the solid line on the ri^t side 
of figure 5 '^th the Cjj of the airplane as the abscissa. It can 

be seen that the tall contribution is stabilizing. 

An estimation based on wind-tunnel results of the wahe location 
shown in figure 6 shows, however, that the tail was in all probability 
passing into the -v-nhe as Cji increased. 

In the upper part of f Igurs 6 . sketch A represents conditions at 
a low lift coefficient (about ,0.10) and the tail is practically out 
of the wake. Sketch B shoira conditions at a lift coefficient of 
about 0.50, and sketch C shows conditions at a lift coefficient 
of 0.80 ■vhen the tail ■m.B well into the wake. The lower part of 
figure 6 sho'^ra the values of gg/? decrement in Mach number at 

the tall corresponding to the upper sketches. Thus as the airplane 
lift coefficient changed from 0.5 to 0.8 at a constant free-stream 
Mach number, the tall Mach number decreased by about 0.03. ' 

Figure 5 shows the effect of this Mach number decrease on the 
tall contribution to tlie .airplane pitching moment. 

In this case as the normal -force coefficient at a constant 

Mach number is Increased at a constant Mach nimibor the values shown 
by the dashed "curve ar© produced taking into account the. decrease in 
Mach number at the tail.- This results in a. tail contribution to the 
airplane pitching moment ^Ich is neutral or destabilizing above a . 
lift coefficient of 0.7. 

Adding this t3rpe of tail pitching-moment contribution to the 
change in trim ■which occurred due to the decreasing Itoch number 
diaring the dive means an apparent Instability of the entire airplane 
above a lift coefficient of 0.5* 


, It is -to be emphasized -that this, ina-tabillty did not erLst at 
all other elova-bor deflectlona. For example, figure 7 shows the 
resul-ts of a similar analysis for an elevator angle of •which 

was required for trim in level flight at a Mach n’amber of O.87. In 
this case tho influence of the wake is considerably less important 
and the tail contribution is stabilizing -throughout tlie angle-of-attack 
range. This accounts for the normal variation of elevator angle 
against Mach number and elevator angle against acceleration of 


gravity g over the limited range for ’dilch it was possible to derive 
these resxilts from the ^rtnd-tnmel tests of the complete model. 

Since the airplane Is mstahle at hl{^ Mach nvmbers,it hecOTies 
of Interest to determine -tdiat rates of elevator response are required 
of tlie pilot to forestall such a pltch-up as did occur. 3y using the 
conditions at the start of the pltch-up, the change In the normal 
acceleration factor with tiiiss was determined with various rates of 
elevator motion using a step-hy-atep solution of the equations of 
motions. The resiCLts are shown in figure 8, 'With no time delay in 
the pilot response a rate of elevator motion of 2° per second 
was sufficient to prevent the acceleration 'building up to a stall. 

With a quarter- second time delay, which is about the best response 
which can be expected from a pilot, a rate of elevator motion of 
almost per second was needed to prevent a stall. For time delays 
m\i,ch longer than a quarter of a second, the required rates became 
unreasonably large. Actiially a pilot responds to a change in 
acceleration and since the pitch-iqp motloh at first produced only a 
small acceleration change, the pilot's response time was quite long. 

As a result, it is improbable- that a pilot will bs able to prevent such 
a stall.- 

The fact that airplanes with hl^er critical Mcch numbers have 
exceeded Mach numbers of O.85 or 0.86 without similar stability and 
control troubles may merely indicate postponement of this danger to 
a higher Mach number. The necessity for testing in tiie transonic 
wlmd- tunnels to higher lift coefficients and larger elevator deflections 
is apparent. If this is not possible because of tho limitation of 
the model or wind tunnel, then recourse can be made to a study based 
on isc^ated tall tests and wake profiles similar to that done in 
this case. . . . 



















Figure 8.- Effect of rate of response and time delay in preventing 

a stall. 



FLIGHT CHARACTERISTICS AT TEAHSONIC SPEEDS 
II - RESEARCH AIRPLAHES 
By Walter C. Vllllaiaa 
Langley Memorial Aeronautical Laboratory 


, • INTRODUCTION 


The Air Forces, the. Navy, and the NACA have been, engaged in a 
cooperative program for the development arid procurOTent of a series 
of research airplanes which would have potential characteristics 
necessary for level flight in the transonic— and supersonic— speed 
zones. This program was undertakeri in anticipation of ' the Increased 
importance’ of flight research in the transonic-ispeed range, where the 
aerodynamic characteristics of airplanes were known to show large 
and sudden changes. The range of airplane configurations flying or 
under construction Include straight-wing types with conventional 
airfoil sections, straight-wing types with a supersonic airfoil . 
section, sweptback-wlng types, and tailless sweptback-wing types. 

The manufacturers Involved are Bell Aircraft Corp., Douglas Air— . 
craft Co., and Northrup Aircraft Corp. Two types of these airplanes 
are flying; the Douglas D— 55S Phase I airplane procured by the 
Navy; and the Bell XS— 1 procured by the Air Forces . The airplanes 
represent the first phase of the program and are being used to 
explore the limits to which an airplane of relatively conventional 
design can be flown. 

The Navy procured from the Douglas Aircraft Co. the D— 558 Phase I 
airplane. This airplane has a 10— percent— thick straight wing with 
an aspect ratio of 4 and an 8-percent-thick horizontal tail. The 
power plant la a TG— 180 turbojet engine. The Douglas Aircraft Co. 
recently turned one of these airplanes over to the NACA at Muroc, 
Calif. The installation of NACA recording Instrumentation has been 
completed and flight testa of this airplane are expected to begin 
this week. This airplane will be used for the measurement of sta- 
bility and control characteristics and over-all aerodynamic loads 
by use of strain gages throughout the allowable speed range of. the 
alrplanb.’ is expected that a second D— 558 Phase I airplane will 
be delivered to the NACA X'/ithin the next several weeks and this air- 
plane will be used for detailed measurements of the pressure dis- 
tribution on the wing and on the horizontal tail. 

The Bell XS— 1 airplane was- procured by the Air Forces. This 
airplane has a straight wing with an aspect I’atlo of 6 and is powered 
by an RM-1 liquid oxygen-alcohol rocket engine. Two of these air- 
planes have been completed. One airplane has a 10-percent— thick wing 
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and an 8~perc©nt— thick horizontal tail; whereas, the other airplane 
has an 8-percent-thlck wing 'and'a 6-percent-thlck tail. 

The acceptance testa on the XS— 1 airplane conducted hy the 
Bell Aircraft Corp. have been canpleted. Diurlng these tests 
NACA Instruments were installed to measure stability and control 
characteristics and aerodynamic loads up to a Mach nuiaber of 0.8 
which was the contractviral limit of. the tests. Tliese tests showed 
that the airplane had good handling qualities with no unusual char- 
acteristics , 

• Upon completion of the acceptance tests, one ZS— 1 airplane 
•(with a 10-percent-thick wing and an d-percent-thlck horizontal tail) 
was assigned to .the NACA for a systematic step-by-step 'investigation 
of ' flight to exploit the full capabilities, of the type in the 
transonic— speed range. The same instrumentation used in the accept- 
ance testa will be used in the early phase of these tests . Later 
tests will Include detail presaui'e-dlstrlbution msa aur ements . These 
tests are just getting under way having been delayed by mechanical 
difficulties. The other XS— 1 airplane (with an S^oercerit— thick' wing 
and a 6-percent— thick horizontal tail) was taken' over ’ by ■ the Flight 
Test Division at Wright Field for use in an accelerated transonic— 
fli^t program. These tests would differ from NACA tests in that, 
no detailed investigations would, be made, and as large ah increase 
in Mach number as compatible with safety would be made' in each flight. 
If necessary, flight would be made at extreme altitudes (50, OO'O td 
60,000 ft). This is a cooperative program betr/een the Wright Field 
Flight Test Division and the NACA. NACA instrumentation is used on 
six flights, data reduction and analysis, are perfozmied by 
'NACA personnel, and the flying is done by a Wright Field' Flight Test 
Division pilot. The instrument Installation, however, is not as 
ccmprehenslve as in the NACA XS— 1. Telemetering and recording 
instruments are used to measure airspeed altitude, elevator, right 
aileron and stabilizer position, normal, transverse, and iongltudinal 
acceleration, shear and bending mcsment on the right horizontal tail, 
and bending moment on the right wing. These tests have been in 
progress several months and the data presented herein are results 
obtained in the accelerated transonic program up to a Mach number 
of 0.92. 


TESTS, RESULTS, AND DISCUSSION 


• A preliminary airspeed calibration was made during the accept- 
ance tests. These results showed the static— pressure error to be of 



the order of 1/2 percent up to a Mach namber of 0.8» As the flints 
of the airplane progressed to higher speeds, calibration of the 
statlc-^ressiare error of the airspeed head was made 4 The calibra- 
tion was made using radar to obtain true altitude. The results of 
the calibration up to a Mach niuaber of 0.92 are given in figure 1 
where the error is expressed as the ratio of error in Mach number 
to corrected Mach number and is plotted as a function of corrected 
Mach number. Figure 1 shows that below a Mach number of 0.83 the 
airspeed head is indicating static pressure lower than true static 
pressure] whereas above a Mach number of O.83, an increasing error 
in static presswe above true static la indicated. It is believed 
that this variation in static— pressure error above a Mach number M 
of 0.8 is caused by the formation of a abode on the airspeed head 
itself and the shoeJe is moving back on the head towards the static 
holes. No correction was applied to the total— head measurement since 
the total— head measurement la not expected to be affected by shock- 
wave formation until a free-stream Mach nvuaber of at least unity is 
reached. The airspeed head used in this case is a KoUsman Type D-1 
hlghr-epeed head mounted on a boom 1-chord length ahead of the left 
wing tip. 

Most transonic flight tests have been limited by the changes 
in longitudinal stability and trim, and these data have been of 
primary concern in the K-l tests. The results obtained are pre- 
sented in figure 2 where elevator position and force are plotted as 
functions of Mach number for two stabilizer positions. The elevator 
positions shown here are measured relative to the stabilizer, and 
the stabilizer positions are relative to the fuselage reference line. 
With the stabilizer set at an, angle of Incidence 1,^ 1.0°, the 

pilot stopped at a Mach number of about 0.38 becatise of the large 
trim forces req.ulred and the forward position of the stick. A nose- 
down trim change la indicated at the highest Mach number. With the 
stabilizer set at an angle, of Incidence of 2.2° the pilot continued 
flight up to a Mach number of 0.92. In going to this speed, three 
trim changes were encoimtered. The first, which began at a Mach 
number of about 0,8 was in the nose-down direction which the pilot 
corrected with up elevator. Above a Mach number of about 0.8?, the 
nose-down trim condition is alleviated and the airplane tends to 
pitch upwind, and then, the pilot corrected with down elevator; 
at the hl^bst Macfi number tiw> airplane showing a tendency 
toward nose-down trim position. Most tests have terminated somewhere 
in the region of the first trim change because with conventional 
fighters the control forces Involved are large. In the present case 
the range of forcea irv the trim changes is of the order of 10 pounds. 
The changes in elevator angle for trim were also not large (of the 
order of 40), Because of the small control forcea and motions, the 


pilot did not object to the uaueueil ti^m charges. The forces are . 
low Ih this case because tlie .tests' w^re /at, a''nK^ high 

altitude (about 30,000 ft)' aM becajise'' the elevators are verj' sniall. 
With a larger airplane 'or at a lower altitude these control charac- 
teristics would probably be objectionable. Data fr.om the Langley 8-fopt 
high-speed-tunnel tests and frck wing-f Igw tests of XS--1 models are 
in general q^uali tat lye agreement With flight data.' 

iVcm the elevator positions required for, trim with two stabilizer 
positions, a measure of the relative effectiveness, of the elevator 
whs obtained. These data are shown in' flgui’e 3. where the ratio of 
the change' in stabiliser Incidence to change in elevator 

position is plotted as a function of Mach ‘number M. Between a. Mach 
number of 0.72 and O.87 the relative elevator effectiveness is., 
reducei by more than 50 percent. 

This reduction in elevator effectiveness in the speed range ' 
tested affects the magnitude of the trim changes as noted by the 
pilot, but in figure 4, where, the pitching-moment coefficient of- the 
wing— fuselage ccmblnation is plotted as a function of Mach number, 
it can be Seen that the trim changes are being caused by changes on . 
the wing. These data were obtained by using measured values of 
horizontal tall loads. Very little data have been obtained to show 
the longitudinal stability In accelerated flight but it -is indicated 
that the stability as evidenced by the^llot, that is the elevator 
motion required to produce a given acceleration, is greatly increased . 
above a Mach number of O.85. Some of this increase in the elevator ■ ' 
angle per lift coefficient is caused by the decrease In elevator „ . 

effectiveness, but the data though meager, indicate that the al^ldne 
is becoming more stable. These characteristics will be inveatl^ted ' 
in detail during the MCA tests of the XS— 1. 

Difficulties have been experienced in recent tests at transonic 
speeds with pne-dimensional flutter cr buzz. There has been ho evi- 
dence of buzz in 'the data of the XS-1 tests. One probable contri- 
buting factor to the absence of this oscillation in addition to the . 
thin wing sec tion is the ^rge amount of friction in the aileron 
control system. The friction in the "ailerons is of the order of 
20 foot-pounds. The aerodynamic hinge-moment coefficient forth©- 
dynamic pressure ' q corresponding to a Mach number of 0. 85 at 
30,000 feet and neglecting the effects of Mach nxmber on the hinge— 
mcment coefficient la of the order of 6.9 foot-pounds per degree. 
Hydraulic dampers are Installed, but have not been used. There has 
been no evidence of abrupt changes in the. floating tendencies of the 
ailerons. The pilot did report a right wing heaviness which he 
noticed at a Mach number pf about ,0>88 and which continued up to a 


Mach ntanher.of 0.98* Figure 5 shows that the right aileron angle 
for trim Incre^ed in the .dowirward direction with inpreaeing: Mach 
number. ... , , . 

An unusual unclan^jed lateral oscillation has occu^ed in acme 
flights.. Because .of the usual stability boundaries it' would,.:be 
expected that the airplane would be stable because the directional, 
stability is very high and the lateral stability is moderate. The 
oscillations have, occurred in steady gliding flights and in turos 
from a Mach number of 0.7 to a Mach number of O. 85 . It was thought 
that these oscillations were possibly caused by fiiel sloshing. A . 
series of testa vad* made therefore with varying amotaats of fuel on 
board. These testa showed that the fuel had little effect on the 
damping of the short period oscillation. 

Another difficulty which has limited the Mach number at which 
aiiT>lanes are flown has been buffeting. The buffet boundary and the 
limit lift for the XS— 1 are shown in figure 6 as a f^mctlon of Mach 
number. These data were obtained in level flight or in gradual turns 
with the stabilizer set at an incidence angle of 2.2°. Limit lift 
has been determined frcm measurements where lift ceased to increase 
although increasing up elevator was being applied. Although buffeting 
has been experienced in level flight, it has not been disconcerting 
to the pilot because the buffeting la not severe. The maximum 
buffetii^g tall loads were obtained at limit lift from a Mach number 
of 0.76 to a Mach number of O .80 and were of the order of ±400 pounds. 
At Mach numbers above O. 8 O the buffeting tall loads decreased, and 
up to a Mach number of 0.92 the buffeting tail loads were less than 
±25P pounds. 


COWCLOSIONS 


The data obtained for the XS— 1 airplane show that most of the 
dlfflcultloe expected In the transonic range have been experienced, 
and although conditions are not normal, the airplane can be flown 
satisfactorily at least to a Mach number of 0.92. The following 
results have been noted in detail; 

1 . T]4a airplane haa experienced longitudinal trim changes in 
the speed range from a Mach number of 0.8 to a Mach number of 0.92, 
but the control forces associated with these trim changes have been 
small. The pilot has been able, therefore, to control the airplane, 

2. The elevator effectiveness has decreased by more than 

50 percent in going from a Mach number of 0.7 to a Mach number of O. 87 . 



This, loas In elevator effectiveness has affected the magnitude of 
the trim changes, hut the actual trim changes have been caused by 
changes in the wing-fuselage moaent. 

3 . No aileron buzz or associated phenomena has been experienced 
up to a Mach number of 0.92. The airplane becomes right wing heavy 
but can be trimmed with aileron. 

4. Buffeting hag been experienced in level flight but has been 
very mild up to a Mach- number of 0.92. The tall loads associated 
with the buffeting have been small. 


Wllllans 
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Figure 1.- Variation of Mach number error 4 M/M with corrected 
Mach number. XS-1 airplane. 
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Figure 2.- Variation of elevator position and force with Mach number. 

XS-1 airplane. 
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Figure 3.- Variation of elevator effectiveness factor Aa^/AOg with 

Mach number. 
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Figure 4.- Variation of wing -fuselage pitching-moment coefficient with 

Mach number. XS-1 airplane. 
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CHARACTEEISTICS OF A COHFIGIJEATION WnH A 
LARGE AUGLE OF SWEEIBACK 
Bj Ro'bert T. Jones 


Ames Aeronautical Laboratory 


A brief discussion is giren of some recent experimental results 
obtained on a supersonic transport— type adrplane for a large range of 
Mach numbers . The theoretical arguments which led to the conflgtt- 
ration of this airplane were brought out at the HACA Conference on 
Supersonic Aez'odynamlcs at the Langley Laboratory, June 19-50, 19^7; 
hence, it will not be necessary to dwell on them herein. Briefly, ' 
our calculations showed that a reasonably good lift-drag ratio 
and, hence, reasonably good fuel economy, could be maintained up to 
a Mach number of 1,5. The configuration required woiU,4 Incorporate 
a long slender body and wings having a large angle of sweepback 
together with the highest practicable aspect ratio. 

Figure 1 is a photograph of the lacdel, designed to Incorporate 
these features, tested in the Ames 1— by 3—i‘oot supersonic tunnel 

aM the Ames 1- by 3^ -foot tunnel. A maximum lift-drag ratio of 

better than 10 to 1 was expected with this configuration. The first 
experiments in the Ames 1— by 3— foot supersonic tunnel showed lower 
values but in these experiments there were indications of laminar 
separation over an appreciable portion of the wing surface at zero 
lift, a condition attributed to the low Reynolds number of the 
test and aua effect of the sweepback. Since these first tests, lift- 
drag ratios as high as 9 to 1 at the low Reynolds numbers have been 
obtained by the use of some modifications of the original design. 
Instead of a flat symmetrical wing the revised model had a cambered, 
twisted wing designed to support a nearly uniform lift distribution 
at the cruising lift coefficient. Both the original and the revised 
model showed highest lift-drag ratio with the leading edge of the 
wing at 67° sweepback. 

Figure 2 shows lift-drag batio L/b plotted against lift 
coefficient , for t^ reylsed model In.tlw. i^s 1— by 3—foot 
supersonic tunnel. It will be noted that the characteristics 
are varying fairly' rapidly with Reynolds number at the scale of these 
tests. At both Reynolds numbers, svirfaee flow studies show regions 
of laminar separation on the wing at zero angle of attack. However, 
aoms recent experiments on a larger wing In this tunnel show that the 
laminar separation phenomenon disappears at higher Reynolds numbers; 
hence. It is believed that the calculated values can be reached or 
exceeded at full scale. 
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In addition to testa of tlie revised model In the Ames 1— hy 
3-foot supersonic tunnel we have continued a variety of experiments 
on the original model. The object of the experiments is to define 
the behavior of this airplane over as wide a range of Mach numbers 
and Reynolds numbers as possible. This program is quite new and 
some of the preliminary results shown herein may be subject to 
later correction. 

The most interesting result is the variation of drag coeffi- 
cient Cj) with Mach number M obtained in the Ames 1— by 3^ —foot 

tunnel and shown in figure 3 . In these tests no drag rise occurred 
throughout 'the range of Mach numbers up to 1.5. Actually, of course, 
the supersonic drag fs expected to be somewhat higher than the drag 
at subsonic speeds as indicated by the dashed— line curve, but the 
difference is small and in these tests might have been mashed by 
Reynolds number effects. Although no claim is made for great 
accuracy of meMurement in these tests, the value at M = 1.5 is in 
agreement with that obtained in the Amos 1— by 3—foof supersonic 
tunnel on the sa^^ model. 

Although the mini.mum drag coefficient showed no appi^clable 
change with Mach number,, the lifb-drag ratios obtained at supersonic 
speed were less than the subsonic values. Figure k shows the 
variation of n^lmum lift-drag ratio throughout the Mach number 
range. as obtained from the Ames 1— by 3 *— foot tunnel. One fact 
brou^t out in these testa la that at l5w Reynolds numbers the lift- 
drag ratio values at subsonic speeds fall considerably below the 
usual estimates. At all speeds the rate of increase of drag with 
lift 'coefficient was greater than that indicated by the induced 
drag theo^ — a characteristic of sepeorated flow. Evidently the 
InTninar separation phenomeiwn noted earlier is not an effect of 
Bu^rsbnlc speed but is to be atssoclated with the Reynolds number 
and” the weepback. Testa- pf the wing alone in the Ames 12 — foot 
low^turbulenca pressure tunnel at a higher Reynolds number showed 
values from I 6 to 1 to I 8 to 1 , in the subsonic range . 

The stability and control, characteristics of this model are of 
great interest. One important question la to find how far the aero- 
dynamic center travels within the range of fll^dit Mach ‘numbers . 
Ifofortunately, data from different sources are not in very good 
agreement on this point ‘as figure 5 indicates. This diagram shows 
the for9" 'and aft- location 'of the neutral-stability point superimposed 
on a plan view of the airplane drawn to the same scale and plotted 
against Mach number. The. two test. points at the ends of the curves 
are. calculated values for the wing alone ^ wing-flow testa 
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showed a proriounced backward shift of the aerodynanio center, or. 

In other words an increase in stability, near a Mach number of 1; 
whereas the Ames 1— by 3^ “foe- b— tunnel tests Indicated a gradual 

variation, neither the Ames 1— by 3^— foot tunnel nor tbe wing- 

flow tests Indicated any rapid variation of lift in this region 
and their lift curves are in good agreement throughout. The reasons 
for the disagreement in pitching moment are not yet understood. 


It seems to be a genez’ally applicable rule that the wing forms 
designed for highest efflcle^^ at supersonic speed show the poorest 
lifting qualities in the landing condition. High efficiency at 
supersonic speed is the result of achieving insofar as possible a 
two-dimensional flow over tbe oblique wing. In a perfect t^ro— 
dimensional flow the stalling lift coefficient is reduced by the 
cosine-squared of the sweep angle. With 60° sweep this means that 
the wing sections will stall at one— fourth their normal lift 
coefficient . 


Figure 6 1s taken from data obtained on a large model in the 
Ames 40- by 80— foot tunnel and Illustrates this stalling behavior. 

A pocullarlty of the behavior of these wings is that the initial 
■ flow separation is not accompanied by a loss in lift - in the 
present case the lift kept increasing up to nearly 45° angle of 
attack. This increasing lift can hardly be utilized in practice, 
however, because of the high drag and the erratic center-of— pressure 
travel associated with the separated flow. It will be noted that in 
the full-scale tests the drag curve follows the normal induced drag 
law up to a lift coefficient of about 0 . 3 . Beyond 0.3 the 

res\iltant force begins to fall back toward the normal to the chord, 
indicating a loss in the suction force at the leading edge as a 
result of separation. At this point, Cj, ■ 0 . 3 , also the pitching- 

moment coefficient Cjj begins to depart from the values calculated 

for a potential flow. Other characteristics of the wing show 
similar nonlinear behavior beginning at. this point, which corresponds 

approximately to the section ci cos^A . 

‘max 

Because of the high sinking speed, or the large amount of power 
required for level flight, and because of the nonlinear stability 
characteristics, the airplane could px^^bably not be flown safely 
above this initial stalling lift coefficient. The obvious remedy 
for this situation is of course to strai^ten out the wings, for 
landing. However, the low useable lift coefficient and higher 
landing speed of the sweptback wing are not believed to present 



any unaurpasaa'ble difficulty. Through the -use of Handley Pago slots 
or nose flaps the landing lift coefficient can probably be increased 
to 0.5 or 0.6. Hi^er lift coefficients than this do not result in 
any decrease of the power or thinist req,ulred to maintain a given 
sinking speed unless the aspect ratio Is Increased. Conventional 
airplanes have already exceeded the- speed at which landings can be 
made safely, without power. In the present case a wing loading of 
UO pounds wo\ild result In a landing speed of 165 ailes per hour 
and a relatively small aiaount of thrust would be required to maintain 
a sinking speed below 20 fe(9t per. second. 



Jonas 














CHABACTERISTICS OF A aBiAUGUIAE-¥ING-ED AIRCRAFT 
• . I - PERFORMANCE DATA 

By Donald J. Graham 
‘ • Aubb Aeroijautical Laboratory 


Approximately a year* ago a research program was formulated at 
the Ames .Aeronautical Laboratory aimed at investigating the possi- 
bilities of employing a wing of low aspect ratio and triangular plan 
form on a transonic or moderately supersonic aircraft. A wing was 
selected to be Investigated concurrently in the subsonic, transonic, 
and supersonic wlnd-tonnel facilities of the laboratory and, in 
addition, at ’transonic speeds by means of the KACA wing— flow method. 
It. was planned to determine thereby the effects of wide variations in 
both Reynolds number and Mach number upon the characteristics of 
the subject configuration. 

The choice of wing was made on the basis of the best existing 
predictions of the pressure-drag characteristics of triangular 
airfoils in the moderately supersonic- speed region. The wing was 
of -5-perpent -chord-thick symnetrlcal double-wedge section with 
maximum thickness at 20 percent of the airfoil chord and had an 
aspect ratio of 2 with a vertex angle of 53° • The sweep of the 
leading edge thus amounted to approximately 63 ® • 

In figure 1 is pictured the model, which was tested in the 
Ames 1— by 3 ^— foot ttinnel and the 1— by 3 — foot supersonic tunnel, 

and the smallest scale. model tested. The wing was mounted on a 
slender cyliiidrlCal body which was sting supported from the rear. 

Figure 2 is a photograph of the model in the Ames 12-foot 
low-turbulence pressure tunnel and shows the semispan configuration 
mounted on a turntable in the tunnel floor. 

Aerodynamic characteristics of this wing were determined for 
Mach numbers from 0.1 to 1.5 and for Reynolds numbers from ,0. 7 x 10^ 

' to 27 X 10®. ' The Rejniiolds number ■variation was confined to the . 
subsonic tests, all of the supersonic tests having been made for 
■Reynolds numbers of the order of 1 x 10^, 

A considerable portion of the results of this investigation 
will be published shortly. The object of the present paper is to 
summarize the princljai results which are Involved in a prediction 
of the performance and tlie stability and control characteristics 
of a low-aspect-ratio' triangular-wing aircraft. ' 


■> 

The •variation of -tha mlnlmam drag coefficient with Mach number 
for the triangular wing la ahown In figure 3. It will he noted ■ 
that the results from the Ames 1— hy 3^— foot tunnel ( unpublished 

da"ta) presented for Mach mmhers from 0.5 to 1.5> indlca'ted hy the 
solid line, appear, to reasonably h.rldge , l^e gap hel^een -^e lo\^„ 
speed value from the Ames 7— hy 10— foot tunnel (reference.!) and the 
value for a Mach nxunher of I.5 from -the Ames 1— hy 3— foot supersonic 
tunnel (reference 2). The higher Reynolds number .da'ta from the 
Ames 12— foot low— turbulence pressure tunnel (reference 3) 3^® 
in such close agreement •wi'th the high subsonic Mach number data 
from the Ames 1— by S^—foot tunnel as could he desired despite 

allowance for the difference in scale. It should he emphasized, 
however, that the respective test, conditions were dissimilar. The 

•wing in -the Ames 1— hy 3^— foot tunnel was mounted on a "thin body, 

the drag of which could not reeidlly he eepara"ted from that of the 
combination; whereas, the data from the Ames 12— foot lo'v^-tixrhulence 
pressiu?e t\xnnel shown are for "the wing alone. The effect of adding 
a fuselage to the model wing in the. Ames 12— foot low-turbulence . 
pressure tunnel was to' displace the curve of minimum drag coefficient 

above that of the wing in the I- by 3“ “foot tunnel. - No satis- 

- ■ ■ 2 

factory explanation has yet been forthcoming for the seemingly early 
rise in the drag coefficient •with Mach number e'vldenced by 'the results 
from the AmeS 12— foot low— tiirbulence pressure tunnel. 

Also sho'^ for conparison in figure 3 32*e minimum drag coef- 
ficients for a 6— percent-chord— thick symmetrical double-wedge 

airfoil section ftrom two-dimensional tests in the Ames 1— by 3^ ~ foot 

ttinnel. The favorable effects of sweep and aspect-ratio reduction 
are apparent here . " ' 


It was Inferred at the beginning of the paper that the present 
wing was selected because, from theoretical considerations, it had 
■the lowest pressure drag for the practicable thickness distributions 
of •the given triangular plan form at moderately supersonic speeds. 
Subsequent tests', however, in the Ames 1— by 3—fodt supersonic 
tunnel and the Ames 1-by 3~”foot tunnel showed lower actual minimum 


drag coefficients at a Mach number of 1.5 for a wing of •the same plan 
form with the maximum thickness at 50 percent of the airfoil chord, 
an effec^t "traced to -the differences in t^ friction drag of the two 
surfaces. Hence, If ^y useful function such as structural con- 
venience were -to be served by locat.lng •the maximum thickness in -the 
vicinity o.f the midchord, -thsre would apparently be no assocla-ted 
penalty in minimum drag. ■ , , 
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In figure 4 the variation of maximm lift’-drag ratio with Mach 
number is presented. The differences in the suhsonio-epeed charac- 
teristics as determined In the various facilities appear to be 
consistent with the corresponding differences in the Reynolds 
numbers of the respective tests. -The subsonic-speed lift-drag 
ratios, althou^ seemingly Icn/, might reasonably be expected to 
Improve somovhat with increasing Reynolds numbers, as was observed 
in the case of the subsonic speed characteristics. 

Furthenoore, for these tests, the wing had sharp leading edges 
and, hence, did not realize an appreciable amoruit of the possible 
leading-edge suction which would further boost the maximum lift- 
drag ratios in the speed range under consideration. 

Previously reported tests (reference 4) in the Ames 1— by 
supersonic tunnel at a Mach number of 1.5 with the leading edges of 
this wing rounded have Indicated the attainment of a significant- 
but by no means major portion of the theoretical leading-edge 
suction. Figure 5# the material for which was presented at the 
KACA Conference on Supersonic Aerodynamics at the Langley • 
Laboratory, June 19-20, 1947, illustrates the variation of lift- 
drag ratio with lift coofflclent at a Mach number of 1.5 for the 
wing with sharp leading edge and with the loading edge rounded to 
approximate the nose radius of a 5— percenb-chord— thick NACA 65 -serles 
airfoil. Rounding the leading edge, while raising the maximum lift- 
drag ratio by decreasing the drag due to lift, did not affect the 
minimum drag.. These results should not be taken as evidence of the 
maximum gain to be expected from leading-edge shape modification 
because the' subject -wing section was not selected with this objective 
in mind. It appears likely that at full-scale Reynolds numbers the 
use of airfoil sections with -rounded nose contours of the subsonic, 
type on wings with highly swept leading edges would, by realizing a 
greater part of the possible leading-edge suction, afford con- ■ 
alderably higher maximum llf-b-drag ratios at low supersonic Mach 
numbers than those indicated in figures 4 and 5< - 

An additional fact of interest is that the lift coefficients 
corresponding to the maximum lif-b-drag ratios -were found to be 
sensibly Independent of Mach number, having varied but inappreciably 
from a value of about 0.2 over the range of the tests. 

The slope of the lift curve of the triangular wing as a function 
of Mach number 1s shown in figure 6 . Satisfactory agreement is 
evident both between the results of the various wind-tunnel tests 
and the calculated subsonic and supersonic values. The variation 
with Mach number 1 s regular and apparently freo from abrupt dis- 
continuities at transonic speeds. 



From the standpoint of performance at transonic Mach numbers 
the results of research to date Indicata the low-aepect—ratio 
triangular wing to he a practicable lifting surface for a shorts 
range Interceptor aircraft. Were a wing section to he selected at 
this date for an aircraft designed to fly at transonic or moderately 
Buporsonlc Mach numbers with tlw type of wing plan form under dier; . 
cusalon, a profile having the general shape of the NACA 6 h-eerles 
or 6 ^-eeries airfoil sections would he recommended hecause of the 
higher maximui]! lift-drag ratios afforded. . . • . . 
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Figure 1,- Model tested in the Ames 1- by 3^ -foot tunnel. 



Figure 2 .- Model tested in the Ames 12-foot low -turbulence 

pressure tunnel. 
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Figure 3.- The variation with Mach number of minimum drag coefficient 

for triangular wing. 
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Figure 4 . - The variation of Mach number with maximum lift -drag ratio 

for the triangular wing. 
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CHARACTERISTICS OF A TRL'iHGULAR-Wm ED AIRCEAFT 
n - STABILITY AUD COrZCROI- 
By Ro'bei’t M. Crane 
= Ames Aeronautical Laborator;- 


The stability and control problems associat( d with wings of 
triangular plan form have recently been the subject of an intensive 
research investigation at the Ames Laboratory''. T'^sts have included 
the measurement of effectiveness end hinge moment for a constant- 
chord trailing-edge control at Mach numbers up to 0.95 (reference 1), 
effectiveness of a similar control at a Mach mtmbe ’ of 1.53 
(reference 2 ), and directional characteristics at low subsonic speeds 
and at a Mach number of 1.53 of an aircraft using a single vertical 
tall and using twin vertical tails (references 2 an 1 3) • Low-speed 
flight tests using a constant-chord trailing-edge ccntrol have also 
been made in the Langley froe-fll^t tiinnel (reference 4) . Some 
..of tliese resu-lts relating to static longitudinal stability and 
control will be presented in this report. 

The wing model used in these tests had a triangular plan form 
and an aspect ratio of 2. The control surface investigated had a 
constant chord and an area equal to 20 percent of the wing area. 

V^hen tested with a fuselage, the fuselage was a body of revolution 

with a fineness ratio of 12 ,5 and a frontal area equal to 5 ^ percent 

of the idng area. The effect of Mach number on the lift-curve slope 
and the location of the aerodynamic center are presented in figure 1 . 
Data are tncli;ded from tests of a semispan model in the Ames 12-foot 
low-turbiilence pressure tunnel and tests of a small-scale complete- 

wing model in the Ames 1 - by 3 ^-foot ttjnnel and the Ames 1- by 3"foot 

supersonic tunnel. The results from the -various test facilities show 
reasonable agreement, considering the large differences in Reynolds 
number and iainor differences of model configuration. 

, . ... Slope parameters of. type, may often be, very misleading 
beca'use they fall to show the linearity or nonlinearity of the various 
coefficients. Figure 2 presents lift and moment data at Mach numbers 
up to 0.95 and more clearly lUtistrates the excellent linearity of 
the characteristics of a -triangular wing at high subsonic speeds. 

While these data only extend iro to M = 0 .95^ data obtained at 
transonic speeds by the wing-flow me-thod on a free-floating model 
indicate none of -the erratic disturbances -tdiich are associated wl-fch a 
s-traight -wing in passing through, a Mach number of unity. 

The influence of Mach nuiober on -the effectiveness of the constant- 
chord. plain flap is sho-wn in figure 3* The theoretical effectiveness 
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at eupersonj.c speeda is "baaed on linearized theory. The experimental 
point at a Mach nmber of 1.53 "wa-B ottalned from tests of an airplane 
model having a triangvlar vlng of aspect ratio 2,31 vith a 21.3-percent- 
area constant-chord control. For the theoretical calciilation it vas 
assumed that there vas no carry-over of eleven lift across the fuselage. 
The agreement "betveen the experimental value and -the theoretical value 
Indicates that the assumption of no-Iift cedrry-bver is T^lid. The’ 
effectiveness data from the vlng-flov meihod were obtained on a 
sharpened flat plate using the free-floating technique (reference 5) • 
.The Beynolds number for these tests \Tae about 1 million compared 
to 5*3 million for the data obtained in the Acaes 22 -toot low-turb\ilence 
pressure tunnel. It is not conpletely under st ood whether the lack 
of agreement between these data is due to the difference in airfoil 
section^ the difference in Reynolds number, or to shortcomings of th© 
free-floating technique. Further teste are scheduled in an attempt 
to determine the exact reasons for these discrepancies. Figure 4 
presents eleven effectiveness- for several angles of . attack at five 
different Mach numbers, the highest being 0.95* This figure illustrates 
again the linearity of the data from which the slope parameters have 
been obtained. 

The hinge-moment characteristics of the constant -chord elevens 
are shOTO in figure 5. . The, ST^ersonic .values are computed from 
linearized theory and no' experimental verification is available. 

Note the large rapid rise in at Mach numbers approaching unity . 

If a constant-chord control wlih an unswept hinge line is to be used, 
the necessity f^ some type of power- operated irreversible control 
mechanism is obvious. Note also the large negative values of 

which will have a profound Influence bn the control forces in steady 
flight. 

These data have been used to predict the static longitudinal . 
stability and control characteristics' of a hypothetical aircraft 
employing the wing and fuselage previously described. This aircraft 
if shown in figure 6. In order to permit the reduction of the hinge- 
moment data, a wing area of 500 square feet has been assumed. The span 
is thus 31.6 feet. In order to fulfill its assumed mission, the 
aircraft must be capable of engaging in tactical maneuvers at a Mach 
number of 1.5 and an altitude of 60, 000 feet •vrith wing ipadings of 
at least 60 pounds per square foot. "" 

The variation with .Mach number of the eleven angle and the eleven 
hinge moment required to balance the aircraft in level flight at an 
altitude of 30,000 feet is shown in figure 7 • airplane center of 
gravity has been assumed at 32 percent of ihe M.A.C. , Not^ Ih . 
particular that, due to the large negative' value of Cn_, the 




variation of stick force vlth speed is neutrally stable over most of 
the speed rfinget Note also that despite the large distance betveen 
the center of gravity and the aerodynamic center at supersonic speeds, 
the eleven angle required to hnlance the airplane at supersonic speeds 
Is essentially Independent of the Mach number • ^is neutral stick- 
fixed stahility Is due to the loss in eleven effectiveness associated 
with. Increasing supersonic Mach numhers . 

The vaarlatlon with normal acceleration of the eleven angle and 
elevon hinge moment in steady turning fllj^t at two hi^ suhsonlc • 

Mach numbers is shown in figure 8. For these computations it is 
assumed that the elevon is used for both balancing the aircraft and 
as the maneuvering control. The rapid changes in control forces at 
l»ge normal accelerations is, due to nonlinearity of the elevon, hinge 
moments at these high Mach nximbers. 

The effect of the location of the center, of gravity on the 
maneuverability of the aircraft at a Mach number of I.5 is sho't-.n in 
figure 9* In all cases the elevator deflection has been limited 
to 12° -vdiich is the critical-flow deflection angle for this Mach nuniber. 

It is apparent Idiat if the aircreft is to produce a normal 
acceleration of 4g at an altitude of 60,000 feet a wing loading 
of & pounds per square foot, the center of gravity must be at about 
-percent M.A.C. Hpxrever, with the center of gravity this far aft, 
the aircraft will bebome longitudinally unstable at subsonic speeds . 

If the aliplane center of gravity is not permitted to move aft of 
32 percent MJl.C., the most aft center of gravity for stability at 
landing, the maximum normal acceleration ■vdiich can be produced by the 
elevens for the above condition is only 0.2g. It is obvious that the 
maneuverability of the airplane would be enhanced if some auxiliary 
trimming device were available so that the elevon power could be 
reserved for maneuvering. 

The effect of static margin on the theoretical increment in 
elevon hinge moment per g of normal acceleration is shown in figure 10 
for flight at a Mach number of 1.5 at an altitude of 60,000 feet. 

It is seen that the c^'^ol forces will became enormous unless the 
static margin is maintained between 5 and 12 percent. At lower 
supersonic speeds, the control forces are even higher due to the 
veiy re^ld rise of negative * vlth decreasing supersonic Mach numbers. 

The landing chaiwjteristlCB_of the triangiilar-^Tlnged aircraft have 
been, cooiputed for wing loadings of 20, 30, and hO pounds per square foot. 
The data used for these computations were all obtained at a Reynolds 
number of 15,000,000 and a Mach number of 0.l3. The variation wltli 
landing speed of the elevator angle," control hinge moment, sinking speed, 


and angle of attack la presented In figure 11* For all of these 
computattonB the only longitudinal control is the constant- chord 
trailJng-edge elevator, and landing is assumed to he acco 25 >lished 
with pover off. It is observed that a push force is required to 3and 
the airplane and that the variation of elevcm force \rith speed is 
unstable over most of the speed range. Note that for a landing speed 
of IhO miles per hour vith a ving loading of hO pouri(3n per squeu^ foot, 
the sinking speed is in eicsss df 60 feeta second and the airplahe 
angle of attack is greater than 20®. The lift-drag ratio for this 
condition is only 3.0. These values Indicate the necessity of applying 
pover if a safe landing is to he accomplished. 

Recent tests of a similar ving and control have been made in the 
Langley free-fli^t tunnel* These tests Indicated that the airplane 
vas controllable up to a maximum lift coeiTicient of 1.0. A moderate 
amount of difficulty vas observed in trying to fly the model at these 
high lifts due to the large sinking speeds* The tests did Indicate, 
however, that slov-speed fli^t cotild he achieved despite the large •. 
angle of attack and the hl^ drag. , ■ ’ 

Examination of the preceding data pezmi-ts several interesting 
observations regarding the perfoimance of a iariangular- ving aircraft 
vith a cons tent -chord control* In the first place, the elevator is 
not adequate for both trimming and maneuyerlng the aircraft, at high 
altitudes with large wind loadings, cmd the elevoh forces are ..such as 
to require an IrreverBlble power control* Second, the sinking speed 
and landing attitudes of the aircraft are excessive when the .flap is 
used as a longitudinal control* Third, the variation of aerodynamic 
center with Mach number, althou.^ much less taian for a strai^t-wlng 
configuration, is sufficient to complicate severely the problem of : 
longitudinal control. If the center of gravity is permitted to move, 
aft as fuel is consumed in supersonic flight so as to keep the super- • 
sonic static margin down to a reasonable figure, there n^t be sc ane 
method of moving the center of gravity forvrard or the aerodynamic 
center eft to permit stability at low speeds for landing. A possible 
solution to these problems is presented in the following discussion. 

Consider a second mifill triangular ving mounted far forward on 
the fuselage as shown in figure 12 . For landing, permit this auxiliary 
ving to float freely about Its 30 percent M.A.C. with its floating , 
angle determined by the def lec tio n of constimt^chord trailing- edge 
flap comected to the pilot *s control. This freely floatlhg" wing 
will not affect the aerodynamic center of the airplane but vlU serve 
as a very^powerful longitudinal control. For the present analysis, 

, this trimmer wing is considered to have an area eqtial to 8 percent 
of the wing area' and a distance from the one- quarter, M.A.C. of the- 
main wing of 1*5 mean aerodyneimic chord lengths.- - 



The trlojmer configuration for ^ich the present con 5 >utatlons hare 
heen made has not "been tested at transonic or supersonic speeds • 
Downwash from the trimmer may hare a sizeable effect on the airplane 
characteristics, hut for the present analysis no interference effects 
between the trimmer and the wing or between the fuselage and the 
trimmer hare been considered. 

The landing characteristics for this configuration with the wing 
flaps deflected 10° are presented in figure 13 • The sinking speed 
and ground angle for landing with the elerons is shown for coc 5 )arlson. 
Tor both' sets of calculations, the center of gravity is at 32 percent 
M.A.C. Note that the floating trimmer reduces tlie sinking speed of 
the aircraft for a giren contact speed by more than 25 percent and, 
equally lii^ortant, reduces the groimd angle by as much as 11°. The 
sinking speeds are still of such magnitude, howerer, that power will 
hare to be applied for landing. 

At a Mach number of 1.5 the trimmer is rery Ineffectire. This 
results directly from the fact that, if the trimmer pirot is placed 
far enough forward to insure free-fioatlng stability at the landing 
condition, the trimmer stahllity is so large at supersonic speeds 
that Its control is ineffectire in producing lift. 

The fact that the floating trlnmer does ntpt affect the aerodynamic 
center, while locking the trimmer will more the aerodynamic center 
forward by 12 percent M.A.C., suggests a method of reducing the static 
margin at 8^^personlc speeds without causing instability at landing. 

If the disposable load is so arranged that the center of gravity 
continually' mores aft as fuel is consumed, take-off, climb, and 
BD^ersonlc fli^t can he accomplished with the trimmer locked and 
landing can be made with the trimmer floating. 

Thais at take-off with the trimmer locked, the aerodynamic center 
will be at approximately 26 percent M.A.C. and the center of grarlty 
may be at 20 percent M.A.C. As fuel is consumed, the center of grarlty 
may be permitted to more aft to 32 percent M.A.G., resulting in a 
6-percent static margin at a Mach number of 1.5* As speed is reduced 
for landing, the trimmer may be unlocked at a Mach number of about 1.1, 
..permitting the landing to be made with a static margin of 6 percent 
with the same center- of -gravity position as at tlie termination of super- 
sonic fll^t. With the trimmer locked, it may be used as a trimming 
device at high speeds and take-off, using the trailing- edge elevators 
on the wing as a maneuvering control. The maneuverability with this 
arrangement at a Mach number of I .5 aod an altitude of 60,000 feet is 
shown in figure 1^^. It is observed that with this arrangement if the 
center of gravity is not permitted to more aft of 32 percent M.A.C. 

(the center-of-grarity positlcm for stability at landing), the elerons 
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are capable of producing a maneuvering normal acceleration of 3*75g 
compared to 0«2g with the elevons alone (fig. 9). This increased 
maneuverahlllty over that with the plain elevons is due not only to 
•Hie increase in elevon power resxilting frcm the use of "the ■ta’lininer 
hut also the permissihle reduction in static 'margin resulting from 
the ahlli-by to control -the aerodynamic center for landing hy allowing 
the trimmer to float at low speeds. If "the disposable load can he 
arranged close •bo the center of gravity, it may he feasible to -bake 
off and climb wi-bh the •brimmer free floating, locking it only after 
supersonic flight has been at'balned. This should not modify in any 
way "bhe fli^^t characteristics previously presented. 

In summary, it mey he stated •that, wi^th •bhe exception of •the 
exceedingly large hinge moments, •the longitudinal s^tahility and 
control of -triangular wings presents no severe difficulties for level . 
flight at Mech numbers up to 1.5» Cons-bant-chord •trailing” edge elevons 
provide adequate con-trol to balance -the aircraft -throughout -the speed 
range; but if a large degree of maneuverability is required, of a 
highly loaded aircraft, some auxiliary -trimming device should be 
incorporated in ■Uie design. One possible configuration employs a 
trimmer wing -placed far forward on ’the nose of "the aircraft. Use of 
this ■trimmer permits landing at moderate '^ound angles and modast. 
sinking speeds, and greatly enhances -the maneuverability of -the 
aircraft at large lift coefficients. The hinge-moment characteristics 
of a constant -chord trailing-edge elevon are such as to require an 
irreversible control mechanism wi-th -the boost power dictated by -the 
hinge moments which occvir near a Mach nmber of -unity. 

While -the efficiency of a -triangular -wing at supersonic speeds 
is inferior to that of a highly s-weptback wing, -the increased structural 
strength, the increased maneuverability, . and -^e greater freedom from 
landing problems certainly warrant careful consideration cf this plan 
form for aircraft designed for pursuit and in-terceptlon at -transonic 
and supersonic speeds. 
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Figure 1.- The effect of Mach number on the lift -curve slope and the 
location of the aerodynamic center for a triangular wing of aspect 
ratio 2. 
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rigiire 2." The effect of Mach number on the lift and pitching -moment 
characteristics of a triangular wing of aspect ratio 2. 
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Figure 5.- The effect of Mach number on the hinge-moment character- 
istics of a constant -chord plain flap on a triangular wing of aspect 
ratio 2. 



Figure 6.- 



Interceptor-type aircraft using a triangular wing with a 
constant-chord control. 
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Figure 7.- The estimated variation with Mach number of the elevon 
angle and the elevon hinge moment required to badance a 
triangular -winged aircraft in level flight at an adtitiaie of 
30,000 feet. 
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Figure 8 . - The estimated variation of elevon angle and elevon hinge 
moment with normal acceleration for a triangular -winged aircraft 
in steady turning flight at an altitude of 30,000 feet. 
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Figure 9.- The effect of static margin on the estimated maneuverability 
of a triangular-winged aircraft at a Mach number of 1.50. 
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Figure 10.- The effect of static margin on the estimated eleven hinge 
moment per g of normal acceleration for a triangular -winged 
aircraft at a Mach number,pf 1.50. 
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Figure 11,- The estimated landing characteristics of a triangular- 
winged aircraft with constant chord elevons. Center of gravity 
at 32 percent M.A.C. 


Figure 12.- Interceptor -type aircraft using a triangular wing with a 
constant -chord control and a trimmer wing. 










Crane 


DEG 


26 
24 
22 
20 

C.G. AT 32% M.A.C. 



WING FLAP ANGLE, 69-+ 10* 
CONTROLLABLE FLOATING TRIMMER 



60 


SINKING®® 
SPEED, 
FPS 40 


30 


20 



LANDING SPEED, MPH 


Figure 13,- The estimated landing characteristics of a triangular 
winged aircraft equipped with a floating trimmer. 
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Figure 14.- The effect of static margin on the estimated maneuverability 
of a triangular -winged aircraft equipped with a trimmer wing. 
Trimmer locked to balance sdrcraft in level flight at a Mach number 







UNCLASSIFIED 




